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FOREWORD

This Final Report for the "Study of Direct Versus Orbital
Encry for Mars Missions'" (NASA Contract NAS1-7976) is provided
in accordance with Part III A.4 of the contract schedule as
amended. The report is in 8ix volumes as follows:

NASA CR-66659 Volume I Summary;

NASA CR-66660

Volume II - Parametric Studies, Final Analyses,
and Conceptual Designs;

NASA CR-66661

Volume III - Appendix A - Launch Vehicle
Performance and Flight Mechanics;

NASA CR-66662 - Volume IV - Appendix B - Entry and Terminal
Phase Performance Analysis;

NASA CR-66663 - Volume V - Appendix C - Entry Configuration
Analysis;

NASA CR-66664 - Volume VI - Appendix D - Subsystem Studies

and Parametric Data.
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APPENDIX D

1. TPARAMETRIC WEIGHT EQUATIONS AND DERIVATION

This section of Appendix D presents the general weight equa-
tions showing the relationship of the various components that were
fed into the machine program. The second part of the section
covers the derivation of the component or subsystem equations
complete with the empirical or theoretical curves used to develop
the equations. Detail weight statements of the three point design
configurations are included at the end of this section.

General Weight Equations

Basic parameters.-

16

g
A/S (32.2 x 1.64 x 0.785%)

Wo\Z
= O.lSS(B—E)
E
where
WE = entry weight
BE = ballistic coefficient
DA/S = diameter aeroshell, ft
Soft lander. - To go from entry weight to capsule system weight:
= + W+ + W, + W+ +
wS wE DP wDS wC wA wE/L wG/C-T
where
ws = capsule system weight
wDP = deorbit propulsion system (including propellant)
weight
st = deorbit structure weight
W, = canister weight
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[}

W adapter weight

A
- . {oht
wE/L adapter electrical weigh
wG/C-T = terminal guidance weight.

To go from entry weight to landed equipment weight:

W, =W -W - W W

v=" " Yass " ¥a/p-e " Yacs-E S-A/S = "BF
where
wv = verniered weight
wA/S = weight aeroshell
wA/D—E = weight aerodecelerator, expended
wS-A/S = weight science in A/S
WBF = weight backface shield.
Wy = Wy - Wypg
where
WL = landed weight
wVP—E = weight vernier propellant.
"E =YL T YLs T Wapor T Wypor T Wacs-r T Yre T Y
where
wLE = weight landed equipment
st = weight lander structure
wA/D—F = weight aerodecelerator, fixed
WVP-F = weight vernier propulsion, fixed
wACS-F = weight ACS, fixed

wTE = weight telecommunication cabling
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wTH = weight thermal control
wPY = weight pyrotechnic control.
Thus, wLE includes guidance and control, telecommunication, power,

thermal control, and science.

Guidance and control: All guidance and control electronics
and reference units are included. This includes the electronics
and reference for the attitude control system, but not the pro-
pulsive portion, tanks, valves, nozzles, etc., of the ACS. The
sequencer is included in guidance and control.

Telecommunication: All telemetry encoders, multiplexers, pow-
er supplies, and all rf transmitters, receivers, and antenna sys-
tems are included. The wiring from the encoders to the instruments
is not included because this is input as a function of the aero-
shell diameter, as wTE above.

Power: All power control, wiring, separation disconnects,
batteries, solar panels, or RIGs are included in this category.

Thermal control: All thermal control equipment not™required
for the entry phase of the mission is included in this category.

Science: All science equipment including SDS, supports, de-
ployment mechanisms, and electrical cabling as required for spe-
cific instruments or experiments are in this category. An allow-
ance of 13 1b for minimum entry science is included in the aero-

shell and is not a part of wLE'

Detail Parametric Weight Equations

Deorbit propulsion system weight, W - Special curves were

DP’
plotted for various types of propulsion systems as a function of
propellant required. The propellant required is an output of the
performance machine program. The following input equations were
generated as input to this subsystem.

Weight of engine mount (fig. D1)

wEM = O.O7(thrust)2/3 min. 2.0 1b

Fuel or oxidizer tank weight assuming titanium spheres based
on general curve (fig. D2) and 30% nonoptimum factor:
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Wo= 1.0 +2.0 eV
t o
for PNVl/3 > 10 600 and
W, = 1.0 +0.0212 y2/3

for PNVI/3 < 10 600

where
P = operating pressure, psi h
N = factor of safety
p = density titanium, 0.168
V = volume, cu in.
o = ultimate tensile Ti = 165 000 minimum gage = 0.020.
Tank support/tank (propellant or gas) from figure D3: ‘
W= 0.75 (wP + wt)o'S
where
Wt = tank weight

WP

propellant in tank.

Weight high pressure spheres Noo (based on nonoptimum of 18%

fig. D2):
w, = 1.77 eV
S c
Deorbit structure weight, W_ .. - Based on {igurc D4, based

DS
on Phase B structure data and other studies, plus 4 1b for se¢para-
tion bolts:

0.7
=4 + 0. +
Wpg = 4 T 0.16 (wE wDP)
Canister weight, Wb. - From figure D5, based on expansion of

Phase B data plus cylindrical scction for {flaps:
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1.51_| /,
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for equation —tpm
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wC = 2.43(D) 4— Actual curve

2
2 3 4 5 678910 e 3 4 5 6788910

Aeroshell diameter, ft

Figure D5.- Canister Weight Versus Aeroshell Diameter
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1) Cylinder at 76 1b/ft;
2) One frame at 20 1b for all additions.

Further, for canisters with expanded flaps, the reference diameter
had to be used. Figure D6 gives the relationship of effective
area to reference diameter. Thus,

1.67
We = 2.34 (Dy/s)

for D < 15 ft, and

A/S
_ 1.51
wc = 5.22 (DA/S-F)
for DA/S-F > 15 ft.
To develop DA/S-F for an eight-flap configuration,
_ 0.645
DA/S-F = 0.536(A)
for 176 < A < 400, and
_ 0.86
DA/S-F = 0.147(A)
for A > 400
where A = effective flap area.
Adapter weight, W, . - The adapter is assumed of constant

A

diameter to match the spacecraft. The amount of true load-bearing
material is negligible. For aeroshells with flaps, an extension
is added at the weight of 2 1b/in. Thus,

W, = K=18

for D

NEERERL:

Wy =18+ 12 (Do - 15)

for D

A/S > 15 ft.
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102 I T T — T 1

3 Note: This curve based on

8 H eight flap extensions

7 U on 15-ft diameter fixed

aeroshell.

6

5 +-1 A
o . 0.86 Ty
w— DA/S 0.147 (A)
" 4
o
+
g v
o
5 3 g

- 0.645 —
v Dy /g = 0.536 (4) e
g
o
R <
~ //
d
//
4]
102 2 3 4 s s 7 8 910°

Effective aeroshell area, sq ft

Figure D6.- Reference Diameter Versus Aeroshell Effective Diameter
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Adapter electrical weight, w“/L' - This weight is a constant,
L

depending on the type of system electrical equipment in the adapter.

Solar or
battery RTG
Status voltage regulator 3.5 3.5
Equipment voltage regulator 4.0 4.0
Power management control 3.0 3.0
Battery charger 2.0 ---
Separation disconnect 2.0 2.0
Packaging and mount 4.0 4.0
Cabling 5.5 5.5
24.0 22.0

Thus,
WE/L = K = 24 for solar or battery

22 for RTG

Terminal guidance weight, - This is used only if termi-

W .
G/C-T
nal guidance is mounted on the capsule. The following equation

includes supports and cabling as a function of DA/S:

=36+ 1.1D
‘

Yo cor \/S

Aeroshell weight, - Acroshell weight for orbital and

W .
A/S
divect entry is discussed below.

Orbital entry: For this casce, the design was limited to fixed
acroshells of maximum diameter of 195 ft. Weight was developed in
three parts:

K\/S = Weight ot Structure + Weipght ot Ablator + Weight of Paint + Miscellaneous

The weisht of the structure is from a printout, which is shown
sraphicaltly in tigure D7,




.
—

Aeroshell structure-to-entry weight ratio, WS/WE
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Ballistic coefficient, BE
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Figure D7.- Orbital Entry Aeroshell Structure Ratio

Versus Ballistic Coefficient

13



APPENDIX D

For the weight of the ablator, the distribution follows the
following general form (fig. D8):

Thickness,
no scale
rtr
193

Figure D8.- Distribution of Ablator Weight,
Orbital Entry

Figure D8.- Distribution of Ablator Weight, Orbital Entry
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= 0. 't +0. St + ey + 2. g
Total volume 0.19 RB tn 0.173 RB (tn te) 2.81 RB te

Il

(0.363 t + 2.983 te) RB2

Ablator material SLS type at 0.0085 1b/cu in.

Weight = 1.05 X 0.0085 (0.363 tn + 2.983 te) RB

I

0.009 (0.363 t + 2.983 te) RB2

Values of tn and t, come from figures D9 and D10, RB

is in inches. The value of tn and te are taken for the 3¢

lowest gamma (lowest negative value).
Paint and miscellaneous:

W=3 4+ 0.025 (DA/S)Z

Direct entry: Three similar parts make up the aeroshell
weights for direct entry.

Structure weight is taken from printouts, which are shown
graphically in figures D11 thru D14.

Ablator must be subdivided into two cases, based on the rela-
tionship of 2 and 7 as shown below.

Case II

g.31%
Case I

15
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Ballistic coefficient, BE

Figure D11.- Direct Entry Aeroshell Structure Ratio Versus Ballistic

Coefficient, VE = 21 000 fps, v = -30°




Aeroshell structure to entry weight ratio, WS/WE
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Aeroshell structure-to-entry weight ratio, WS/WE
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For Case I, the equation for direct entry applies; for Case

1T, the distribution is as shown below.

)

:
L]
ET y_e
[T )
-
K=Ne]
[ =T | | 1 1 | _J
0 2 4 .6 8 1.0
R/R,

The material for tn

material for te is ESA at 0.029 1b/cu in.

The ablator equation for Case II is then

Wt Nose = 1.05 x 0.19 RB“ tn P, = 0.017 tn R

is still SLS at 0.0085 lb/cu in.

The

B
R. - R
W Cone = 1.05 |+ (R, +R )y —2 ¢ o
t I ( B x) cos 20 e Te
= 1.05 [n 1.171 Ry X 0.882 Ry X t_ pe]
= 1.05

. / 2 = L0 - !
[O 094 te RB] 0.0985 LC RB

Total W (0.017 t + 0.0985 t ) R
t n € B

Values for trl and te come from figures D15 and

For expanded aeroshells, the weight of the ablator
tension must be added to the above. Thus, the general
is:

wTotal Ablator

=W + W
15 ft A/S Ablator hExtension
The

ness for 15-ft (fig.

thicknesses required are based on the data for
DI6). A check was made for 30-{t

D16.

on the ex-
equation

Ablator

edge thick-
true diam-

cter, and the difference between 15 and 30 't was negligible and
did not warrant developing thicknesses for diameters between 15

and 30 ft.
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Thus, the ablator weight for extensions are as follows:
1) Flaps Case I,

W = 0.009 t X Flap Area, sq in.
ABL ®15 ft

2) Flaps Case II,

W = 0.0304 ¢t X Flap Area, sq in.
ABL ‘15 ft

For airbag extension, the ESA-type material must be used all
over and is less efficient than the SLS. Thus, where the basic
material for 15 ft is SLS, the thickness must be increased 25%
taking this percentage into account:

1) Airmat extension Case I,

W = 0.038 t X Airmat Area, sq in.
ABL °15 fe

2) Airmat extension Case II,
W = 0.0304 t X Airmat Area, sq in.
ABL e15 £t

The paint and miscellaneous equation is the same as for the
orbital case.

Aerodecelerator weight, expended, wA/D-E’ parachutes. - These
data come from figure D17, which is for a chute operating below
a q of 12 -- a minimum material weight. Thus, the final equa-

tions are

2 _
wA/D—E = 0.0191 (DA/D) for q <12
- 2 g .
wA/D—E = (0.0191 (DA/D) 17 for g > 12

Aerodecelerator weight, expended, W,

ﬂ/D_El‘ballute. - Attached

tucked-back with 10% burble fence:

= i + s .
wA/D—E Weight Cloth (WC) Weight Installation (WI)

W

-5 t
¢ = 1.76(107%) qR

25
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Weight of chute, deployed,
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Figure D17.- Parachute Weight Versus Chute Diameter
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when
R > 6.15 + 1/2 Y151 + 51 200/q
otherwise,
W, = 0.225 R® +2.17 (107%) qR’
— 2
Wp = 0.00377 qR® + 5D, ¢

where R = ballute expanded radius in feet.

These data are based on a JPL study, and for this program, it
is assumed that all of WI will be jettisoned with the ballute.

Backface shield weight, W - For the orbital case, backface

BF*
heating is assumed to be handled by insulation on individual crit-
ical areas. This will be handled in the thermal control equation.
Therefore, for orbital entry,

Wpp = 0

For direct entry, an ablator-coated heat shield is considered.
This shield will be released when the parachute is released.

The ablator will be supported on 0.020-in. stiffened magnesium
sheet (or equivalent weight), and will be 1/8-in. SLS type ablator
material. A Teflon rf transparent window that weighs 5 1b will
also be required.

Shield Area (15 ft)

I

15 diam cir area X 1.03 dev factor
= 182.5 sq ft or 26 300 sq in.
Weight, 15-ft base = p X area X 0.020 X 1.5 (non OPS and STR factor)
= 0.068 X 26 300 X 0.020 x 1.5 = 53
Ablator = 1.05 X 26 300 X 0.125 x 0.0085 = 29.4

Total 15-ft Shield = 53 + 29.4 = 82.4

_82.4 -
Parameter = EEE_ = 0.36
W, =5+0.36D > = 15 ft
BF = . A/S max. = 27
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Attitude control system weight, expended, WACS-E' - The weight

of the ACS is based on data developed during Phase B. The total
impulse for Phase B was divided into two categories that depended
on the vehicle thrust magnitude and on the inertia of the vehicle
as follows:

Impulse, lb-sec

£fI f thrust

| Separation (reduce tipoff) 79.5
Coast (small limit cycle) 56.8
Maneuver 39.0

Deorbit roll 121.7
Coast 48.6
| Maneuver 39.7
Coast 8.4
Rate damping in atmosphere 278.0

Vernier roll control 240.0

550.0 36.17

Because the first coast is a small percentage of the total,
it was ignored for basic equations. If a long coast is selected
for this program, it will be corrected for the Phase II.

From the above:

1) 60% of impulse is a function of I;
2) 40% of impulse is a function of W;
3) Phase B design entry weight was 4720;

4) Phase B D was 19 ft;

A/S
5) Phase B ACS propellant weight was 10 1b.

For inertia-dependent impulse, ACS weight will vary as
L L

Wacs L L

where L = length of the thrust nozzle arm. Thus, L =D .
Then:

28
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e V- B
ACS D A/S

thus

A/S 0.4 X 10 X WE

0.6 X 10 X WE D
wACS-E 4 720 X 19 4 720

+
0.00007 wE DA/S 0.00085 WE

Weight of science in the aeroshell, W - Using the entry

S-A/S’
science list in the proposal, which it is assumed includes the
weight of electronics and cabling for these instruments, the fol-
lowing list of minimum science instruments on the aeroshell was
selected:

Stagnation pressure 3.0
Base pressure 2.0
Subersonic probe 3.0
Mounting and structure beefup 5.0

13.0

wS-A/S =K=13

Vernier propellant weight, expended, W - The weight of

VP-E'
vernier propellant expended is an output of the basic machine
program.

Lander structure weight, W - This weight is based on the

LS’
equation in figure D4 plus the equation for landing gear (fig. D18

as combined in fig. D19). These are based on g-loadings for or-
bital entry.

Therefore, for orbital entry

. 0.7
wLS =20 + 1.10 (WL)

For direct entry, the g-loadings average 40 g rather than 20 g.
Therefore, that part of the equation that applies to the basic
structure should be modified as follows:

W= 0.74 (2 wL)O'7 = 1.21 (wL)0'7

29



Landing gear weight, W,, 1b
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3
0
9
8
7
6 Note: 1, Four-leg system,
5 2, Crushable foot pads.
3. Strut with attenuator,
4
3
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////
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Figure D18.- Landing Gear Weight Versus Landed Weight
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1 Total lander structure
= + 0.7
om0k 0 (8)°

) Asic lander

structur

I
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o

Figure D19, -
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__ 1 |
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Total Lander Structure Weight Versus Lander Weight
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Therefore, for direct entry,

_ 0.7
Wog = 20 + 1.57 (W)

Aerodecelerator weight, fixed, wA/D-F' - For the parachute

from figure D17, this weight includes mortar, container, crush
material to absorb shock, and tie-~down fittings.

_ 1.45
wA/D-F = 0.055 (DA/D)

For ballutes, the conservative approach is to assume all the
ballute mechanism and container is jettisoned.

Vernier propellant weight, fixed, W - Total vernier pro-

VP-F’
pulsion weight comes from propulsion curves based on propellant
weight as developed by machine program.

Wop-r = Wyp - ¥p

W is total propulsion system.

VP
Attitude control system weight, fixed, wACS-F' - This weight

is based on the same base data as wACS-E and the following weight
information from Phase B:

1) Fixed weight values, etc. 23.5

2) Impulse-dependent weight 32.0

55.5
0.6 X 32 XW A oX

W = 23.5 + ° B Pals 0.k X2 Wy

ACS-F 4720 X 19 4720

W = .5 + 0. .

ACS-F 23.5 0.00022 wE DA/S + 0.0027 wE

Telecommunication cabling weight, wTE'

is a function of the size of the vehicle, therefore, f DA

- The telemetry cabling

/8"

Based on Phase B information, this results in

wTE = 2.0 DA/S max. = 15 ft
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The weight of the telecommunication components comes from

wLE and is a function of system type.

Thermal control weight, me'
L

is based on Phase B data, where 13 1b of equipment was fixed com-
ponents and 36 1b was a function of the vehicle size including the
material to protect backface hot spots. Thus, for orbital entry

- For orbital entry, this weight

W, =13 + 0.1 (D

2
TH A/S)

D max. = 15 ft

A/S

For direct entry, a backface heat shield will be used; therefore,
the cquation is modified to

2
= + 0.
gy = 13 %002 (D, )
DA/S max. = 15 ft
Pyrotechnic control weight, wPY' - From figure D20, assuming
60 bridgewires 12/20 sec (a typical
lander quantity) 23 1b
Supports 2 1b
25 1b
Pyrotechnic wire based on Phase B
Vernier bus and entry science 37.1
37.1
2 o) i
19 2.0 1b/ft diam
Therefore:
= + 2
wPY 25 2.0 DA/S
DA/S max., = 15 ft
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Aerodecelerator weight, WA/Dlirevised data. - The data shown

for aerodecelerator in the earlier part of this appendix section
were used for the machine program. After completion of that ef-
fort, the Langley equation for parachute cloth weight became avail-
able and was found to give higher weights for parachutes larger
than 50 ft diameter. Because Martin Marietta did not have suffi-
cient data to confirm the data in this size range, it was decided
to use the Langley equation for the point design work to follow.
These data are plotted in figure D21.

A detailed study of five-point design parachutes showed that
the noncloth weight associated with the parachute, including mor-
tar, risers, bag, crushable shock attenuator, and attachment fit-

tings, could be plotted as a function of the cloth weight as shown
in figure D22.

Also, because the fixed parachute weight became so large for
large parachutes, it was decided to jettison this material when
the parachute was jettisoned for all of the point design configu-

rations.
Point Designs

Tables D1 thru D3 give detailed weight breakdowns for the
three major point designs -- configurations 1A, 1B, and 2A.

35



36

1b

Weight of chute cloth, W.,
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Langley equation

3 _ -5 3/ 2
10 — wC =3+ 0,04 (CDSO) + 4 (10 7) (CDSO) 4p
9 where:
B H— CD = terminal drag coefficient - 0.55
7 S . = chute area, sq ft
: So chute ea, sq ft
— dp = dynamic pressure at deployment,
- psf
4 =
qD 20
/
3 16 1/
G = —
)/
4 = 12 /
c // /
2 /
10 66(
9 /
; 7]
s /
5
4
3
e
101
lo co 30 40 50 60 70 80 90 100

Chute diameter, ft

Figure D21, -

Parachute Cloth Weight




Weight of chute cloth, WC, 1b
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Parachute noncloth weight, wNC’ 1b

Figure D22,- Parachute Noncloth Weight
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TARLE D1.- DETATLED SEQUENTTAT. WETGHT STATEMENT, CONFIGURATTON 1A

O1bital entry 570 1b landed equipment Deorbit AV 120 mps
8.5-ft diameter aeroshell Nominal science
Monopropellant deorbit and vernier Isotope thermal heaters
Maximum entry » = -18°
Total flight capsule .
Canister T
Aft section - body (102.0)
Interface frame 14.0
Structure 53.0
Longerons 18.0
Vents 3.0
Aeroshell separation bolts 5.0
Insulation 4.0
Miscellaneous 5.0
Forward section - 1id (45.0)
Structure 39.0
Insulation 3.0
Miscellaneous 3.0
Electrical in canister (18.0)
Status voltage regulator 3.5
Power management control 3.0
Separation disconnect 2.0
Packaging and mount 4.0
Cabling 5.5
Separation weight
Deorbit structure
Dcorbit propulsion e e e e e e e e e e e e e e e
Engine (1) 510 1b thrusL 15.1
Engine mounts 4.5
Fuel tanks 4.8
Gas tank 3.0
Tank support 12.2
Plumbing and valves 13.0
Residuals
Fuel 4.1
Gas 2.2
Electrical cabling 2.1
Deorbit propellant
ACS propellant

(1723.0)

165.0

(1558.0)
30.0

61.0
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TABLE D1.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION lA - Continued

Entry weight (BE = 0.&66) e

Aeroshell .
Skin and stringers
Payload frame
Aft frame
Nose cap
Ablator
Miscellaneous
Separation bolts

Science in aeroshell

ACS propellant
Decelerator load

Chute weight (65 ft)
Verniered weight

Vernier propellant

ACS propellant
Landed weight

Propulsion system . e e e e e e e e
Engines (3) thrust = 510 1b max./engine
Engine mount
Fuel tank
Gas tank
Tank supports
Plumbing and valves
Residuals

Fuel
Gas
Elcctrical

Useful landed weight
Structure

Truss
Landing legs

45.
13.

14.
18.

W
(@

92,
64.

v
O O wm

WM = ow W

(93]

o

(1383.0)

126.5

18.0

(1237.0)
169.0
(1068.0)

108.0

(959.0)

113.7

(845.3)

156.0
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TABLE D1.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 1A - Continued

ACS & v o e e e e e e e e e e e e e e e e e e e e e e e
Thrusters 6.4
Fuel tank .6
Gas tank and gas 1.4
Valves and plumbing 13.0
Electrical Cable 2.5
Supports 8.7

Power system . . . . .« . o .« .

Batteries
Silver-zinc 76 A-h 60.0%
Ni-Cd 17 A-h 62.0%

Solar Panels 44 sq ft 48.0%

Power control 33.0%

Cabling 4.0%

Supports 4.,0%

Guidance and control e e e e e e e e
Inertial measurement unit 22.0%
Altitude wmarking radar 12.0%
Touchdown and landing radar 33.0%
Digital computer 32.0%
Phase II computer 3.0%
Input-output 10.0%*
Cabling 6.0%
Packaging and supports 13.0%

Telecommunication . .

Telemetry (50.9)
Encoder 10.0%
Storage 4.,0%
Sterilization monitor (battery) 4, 0%
Status monitor 6.7%
Transducer power supply AN
Signal conditioner 1.5%
Package 6.0%
Supports 1.0%
Cabling 17.0

Relay link (13.9)
Telemetry 4,5%
Beacon receiver 1.9%
Antenna 4., 6%
Cable 1.0%
Supports 1.9%

32.6

211.0

131.0

(93.4)
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TABLE D1.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 1A - Concluded

Direct link
MFSK modulator
Modulator exciter
TWIA and power supply
Command receiver
Command detect
Package
Diplexer
Antenna
Cabling
Supports

Thermal Control .
Insulation }
Heaters radioisotope
Structure skin
Entry thermal

Pyrotechnic control
Control package
Cabling
Supports

Scicence

Entry
Ballistic phase in lander
Terminal descent and landing phase

Landed
Surface meteorology
Surface imaging
Surface characteristics

Data automation system
DAS package
Tape recorder
Supports and cabling

(28.6)
1.0%
3.0%
7.8%
5.0%
4.0%
3.6%
1.3%

6%
1.0%
1.3%

47.0%

20.0%
20.0

(18.9)
3.1%
15.8%*

(41.7)
12.7%*
16.5%
12.5%

(24.2)
12.0%
11.0%

1.2%

87.0

49.5

84.8

*Landed equipment weight, W 570.2.

LE
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TABLE D2.~- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 1B

Orbital entry 627 1b landed equipment
10.5-ft diameter aeroshell
Monopropellant deorbit and vernier
Maximum entry y = -18°

Deorbit AV 120 mps
Nominal science
Isotope thermal heaters

Total flight capsule . . . . .
Canister .« . +« « « v « v v v v . oL

Aft section - body
Interface frame
Structure
Longerons
Vents
Insulation
Aeroshell separation bolts
Miscellaneous

Forward section - 1lid
Structure
Insulation
Miscellaneous

Electrical in canister
Status voltage regulator
Power management control
Separation disconnect
Packaging and mount
Cabling

Margin . . . . . . . . ..
Separation weight . . . . . . . . . .
Deorbit structure .

Deorbit propulsion . . . .
Engine (1) 635-1b thrust
Engine mounts
Fuel tanks
Gas tank
Tank support
Plumbing and valves
Residuals

Fuel
Gas
Electrical cabling

Margin

= .
(WOl N VW IV, BN
[@ X« 3 S I @ W NIV

NN
=

(1982.0)

219.0

22.0
(1741.0)
31.0

65.8

10.0
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TABLE D2.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 1B - Continued

Deorbit propellant
ACS propellant . .
Entry weight (B = 0.336) .

Aeroshell .
Skin and stringers
Payload frame
Aft frame
Nose cap
Ablator
Miscellaneous
Separation bolts

Science in aeroshell
ACS propellant
Margin
Weight on chute
Chute weight (48 ft)
Margin
Verniered weight
Vernier propellant
ACS propellant
Landed weight
Propulsion system . . . .
Engines (3) 635 1lb thru
Engine mount
Fuel tank
Gas tank
Tank Supports
Plumbing and valves
Residuals
Fuel

Gas
Electrical

st/engine

102.

w oY Oy
[ eNe]

53.
15.

18.

w

0

Wy = O oy~

(@3N}

89.0
4.0
(1541.2)

169.0

18.0

18.0

(1307.7)

90.0

(1208.7)

113.0

(1094.7)
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TABLE D2.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 1B - Continued

Structure
Truss
Landing legs

ACS .
Thrusters
Fuel tank
Gas tank and gas
Valves and plumbing
Electrical cable
Supports

Power system

Batteries
Silver=-zinc 76 A-h
Ni-Cd 17 A-h

Solar panels 44 sq ft

Power control

Cabling

Supports

Guidance and control
Inertial measurement unit
Altitude marking radar
Touchdown and landing radar
Digital computer
Phase II sequencer
Input-output
Cabling
Packaging and supports

Telecommunication .

Telemetry
Encoder
Storage
Sterilization monitor (battery)
Status monitor
Transducer power supply
Signal conditioner
Package
Supports
Cabling

Useful landed weight . . ., . . . . .

60.0%
62.0%
48.0%
33.0%
4.0%
4.0%

22.0%

12.0%
33.0%
32.0%

3.0%
10.0%

6.0%
15.0%

(969.9)

168.0

33.2

211.0

131.0

97.4
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TABLE D2.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 1B - Concluded

Relay link (13.9)
Telemetry 4.5%
Beacon receiver 1.9%
Antenna 4.6%
Antenna cable 1.0%
Supports 1.9%
Direct link (28.6)
MFSK modulator 1.0%
Modulator exciter 3.0%
TWTA and power supply 7.8%
Command receiver 5.0%
Command detect 4,0%
Package 3.6%
Diplexer 1.3%
Antenna 6%
Cabling 1.0%
Supports 1.3%
Thermal control . . . . . . . .« L . ..o e e e e e e e 91.0
Insulation o } 47.0%
Heaters radioisotope
Structure skin 20.0%
Entry thermal 24.0
Pyrotechnic control . . o . . . . . . . . e e e, 53.5
Control package 30.5
Cabling 21.0
Supports 2.0
Science o v v L L L L L s s L e e e e e e e e e e e e e e e 84.8
Entry (18.9)
Ballistic phase in lander 3.1%
Terminal descent and landing phase 15.8%
Landed (14.7)
Surfacce meteorology 12.7%
Surface imaging 16.5%
Surface characteristics 12,5%
Data automation system (24.2)
DAS package 12.0%*
Tape recorder 11.0%
Supports and cable 1.2%
Margin on landed ecquipment . . . . . + . o . .0 . e e e e e 57 .0%
Margin on lander . . . . . . . o o o o L e e e e e e e e e, 43.0
*Weight of landed cquipment, W = 627.2.

LE A__J
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TABLE D3.- DETAILED SEQUENTIAL WEIGHT

STATEMENT, CONFIGURATION 2A

Direct entry 570 1b landed equipment
10 3/4-ft diameter aeroshell
Monopropellant deorbit and vernier
Maximum entry ¥ = -24°

Deflection AV 75 mps
Nominal science
Isotope thermal heaters

Total flight capsule

Canister . .
Aft section - body
Interface frame
Structure shell
Longerons
Vents
Insulation
Aeroshell separation bolts
Miscellaneous

Forward section - 1lid
Structure shell
Insulation
Miscellaneous

Electrical in canister
Status voltage regulator
Power management control
Separation disconnect
Packaging and mount
Cabling

Separated capsule weight
Deflection module structure

Deflection propulsion . .
Engine (1) 540-1b thrust
Engine mounts
Fuel tanks
Gas tank
Tank support
Plumbing and valves
Residuals

Fuel
Gas
Electrical cabling

Deflection propellant

ACS propellant

Co (2077.0)

. . 244 .0
(142.0)
14.0
80.0
22.0
5.0
11.0
5.0
5.0
(64.0)
51.0
9.0
4.0
(18.0)
3.5
3.0
2.0
4.0
5.5

(1853.0)

33.0

C. 57.6
15.7
4.8
3.9
2.5
11.0
13.0
3.0
1.6
2.1

61.0

1.8
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TABLE D3.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 2A - Continued

Entry weight (BE = 0.35)

Aeroshell .
Skin and stringers
Payload frame
Aft frame
Nose cap
Ablator
Miscellaneous
Separation bolts

Science in aeroshell
ACS propellant

Decelerator load . . . . . .
Chute weight (71 ft) q = 20
Backface

Verniered weight
Vernier propellant
ACS propellant

Landed weight . . . . . . . . . .

Propulsion system . . . . . . .
Engines (3) 540 thrust/engine
Engine mount
Fuel tank
Gas tank
Tank supports
Plumbing and valves
Residuals

Fuel
Gas
Electrical

Useful landed weight
Structure . . . . . .

Truss
Landing legs

163.

v oy W
[eNeN o)

47.
14.

14.
18.

W

154.
68.

0

W oo Mo =

— 0o

(1699.6)

257.0

18.0

(1423.1)
228.0
47.0

(1148.1)
116.0
.8

(1031.3)

117.6

(913.7)

222.0
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TABLE D3.- DETAILED SEQUENTIAL WEIGHT STATEMENT, CONFIGURATION 2A - Continued

ACS v v v v v e e e e e e e e e
Thrusters
Fuel tank
Gas tanks and gas
Valves and plumbing
Electrical cable
Supports

Power system . . . . « & .+ . .
Batteries
Silver-zinc 76 A-h
Ni-Cd 17 A-h
Solar panels 44 sq ft
Power control
Cabling
Supports

Guidance and control . . . . .
Inertial measurement unit
Altitude marking radar
Touchdown and landing radar
Digital computer
Phase II sequencer
Input-output
Cabling
Package and supports

Telecommunication

Telemetry
Encoder
Storage
Sterilization monitor/battery
Status monitor
Transducer power supply
Signal conditioner
Package
Supports
Cabling

Relay link
Telemetry
Beacon receiver
Antenna
Antenna cable
Supports

o
WunonNnoydS

oo N W=

60.0%
62.0%
48.0%
33.0%
4.0%
4.0%

22.0%
12.0%
33.0%
32.0%

3.0%
10.0%

6.0%
13.0%

32.0

211.0

131.0

97.4

48




APPENDIX D

TABLE D3.- DETAILED SEQUENTTIAL WEIGHT STATEMENT, CONFIGURATION 2A - Concluded

Direct link
MFSK modulatorxr
Modulator exciter
TWTA and power supply
Command receiver
Command and detect
Package
Diplexer
Antenna
Cabling
Supports

Thermal control e .
Insulation
Heaters radioisotope}
Structure skin
Entry thermal

Pyrotechnic control
Control package
Cabling
Supports

Science

Entry
Ballistic phase in lander
Terminal descent and landing phase

Landed
Surface meteorology
Surface imaging
Surface characteristics

Data automation system
DAS package
Tape recorder
Supports and cable

(28.6)
1.0%
3.0%
7.8%
5.0%
4.0%
3.6%
1.3%
1.0%
1.3%

e e e 82.0
47 .0%

20.0%
15.0

53.5

'84.8

(18.9)
3.1%
15.8%

(41.7)
12.7%*
16.5%
12.5%

(24.2)
12.0%
11.0%

1.2%

*Landed equipment weight, wLE = 570.2.
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APPENDIX D

2. THERMAL CONTROL PARAMETRIC STUDIES

The objective of the parametric studies is to develop data
and procedures that could be used to estimate the thermal control
system weight over a wide range of all parameters, Three com-
patible thermal control systems are required for the flight cap-
sule, These are cruise mode, descent mode, and Mars surface.
Primary emphasis was placed on the Mars surface thermal control
because a large number of parameters are involved and because
many thermal control systems and components could be considered,

The Mars surface parametric data include the following:
1) A definition of all the important parameters that

affect the thermal control system weight;

2) An analysis of each of the parameters to establish
nominal values and maximum expected ranges of each;

3) A procedure to estimate thermal control system weights
based on data generated by a large number of computer
runs;

4) Examples of the results of the procedure developed.
The data for the cruise mode and descent modes are based on

Martin Marietta Corporation's Voyager Phase B studies and full-
scale testing we have performed,

Mars Surface Thermal Control
Thermal control parameters. - All of the parameters that have

a significant effect on the thermal control system are listed in
table D4 along with a nominal value and expected range of cach,

Surface environment: Four surface environments were defined --
cold extreme, intermediate, clear day, and hot extreme. The pa-
rameters for each of these environments are listed in table D5,

The cold extreme environment represents the condition result-
ing in maximum heat loss from the landed equipment compartment.
Under conditions of no solar flux, the environmental temperature
is assumed to be -190°F, the sublimation temperature of carbon
dioxide at 20 mb pressure., In addition, a continuous wind veloc-
ity of 74 fps results in a high convection coefficient between
the vehicle and the atmosphere, Gas conductivity within vented
insulations is assumed equal to that of pure nitrogen.
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TABLE D4 .- THERMAL CONTROL PARAMETERS

Parameter Range

Life 2 days to years
10 to 100 ft

Clear day, cold and hot extreme, intermediate

Size (volume of survivable equipment)

Environment (see table D5)

Nominal Range
Insulation performance
Conductivity, Btu/hr-ft-°F 0.0125 0.007 0.025
Density, 1b/ft 1 0.5 4

Thermal control energy source specific
weights

Batteries, 1b/Btu Function of output (fig. D28)

Chemical, 1b/Btu Function of output and type(figs D29 & D31

Radioisotope, lb-hr/Btu 0.044 0.035 0.088
Solar cell with phase change, 0.022 0.01 0.04
1b-day/Btu®
Solar cell with battery, 0.050 0.03 0.08
1b-day/Btu®
Capillary pumped loop for RTG, 0.01 0.005 0.02
1b-hr/Btu (+ 5 1b) (+ 2 1b) (+ 6 1b)
Energy storage, phase change material,] 0.0125 0.01 0.015
1b/Btu
Energy rejection device, temperature- 0.17 0.10 0.25
controlled heat pipe, 1b/w(Rej) (+ 5 1b) (+ 3 1b) (+ 7 1b)
Equipment power dissipation
Average, W 60 15 130
Daytime peak, W-h 300 25 750
Penetration losses (40 to -190°F), W 15 5 60

a : . . . .

Based on a clear day environment. For the intermediate environment, add 0.0l to
the nominal and minimum and 0.015 to the maximum, These systems are not applic-
able in the cold extreme environment.
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An intermediate environment represents conditions at the Mars
aphelion solar flux of 160 Btu/hr ft2, In addition, a cloud cover
is assumed to reduce the atmospheric transmissivity to 50%. A
surface a/e of 0.80/0.92 and a ground thermal inertia (v kpc)

of 0.97 Btu/ft2°F 1'11'}i is assumed. These parameters are used to
calculate the transient ground surface temperature at selected
latitudes and subsolar points, A wind velocity of 100 fps pro-
vides a high convection coefficient between the vehicle and the
atmosphere,

The clear day environment represents clear day conditions at
the 1973 landing conditions, The solar flux is 180 Btu/hr-ft2 and
the atmosphere is assumed to be 100% transparent. A zero wind
velocity is assumed.

The hot extreme environment represents conditions of maximum
solar flux, 100% atmospheric transmissivity, zero wind velocity,
and a Mars surface /e = 0.95/0.85. The gas conductivity in
vented insulation is assumed to be equal to that of pure carbon
dioxide,

Changes in the atmospheric temperature in the vicinity of the
planet surface over short time periods are related empirically to
the corresponding ground temperatures as follows:

T -T =c¢ |t +7T \/2-
as 4 (82 gl)/ Tal

where

Ta = air temperature at beginning of time period
1

Ta = air temperature at end of time period
2

Tg = ground temperature at beginning of time period
1

Tg = ground temperature at end of time period.
2

c = 0.4 for one-hour time periods

This relation was used to generate the transient air tempera-
ture curves shown for three environments in figures D23, D24, and
D25. The ground and air temperatures for the cold extreme en-
vironment are assumed to be constant at -190°F.
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Insulation performance: A large number of possible insula-
tions might be used, The possible candidates include fibrous
types, foams, multilayer, and combinations of these materials,
Thermal performance of these materials in the Mars environment
is not available at this time, Also, compatibility of these
materials with the natural and induced environments of the mis-
sion has not been established, A contract to acquire the neces-
sary data for candidate materials is expected to be let by JPL
in June 1968.

A particular insulation system design was analyzed to estab-
lish conductivity for our point designs, It consists of gold
film radiation shields separated by l-in, layers of low density
(0.53 1lb/cu ft) AA fiberglas. This insulation is installed be-
tween aluminum walls separated by epoxy-fiberglas standoffs at
l1-ft intervals.

The following analysis was performed to estimate the perform-
ance of the insulation in the Mars environment, including effects
of attachments. Test data were used for the fiberglas; the ef-
fects of gas conduction, radiation, and solid conduction were
scparated, We then analytically included the effects of the
radiation shields and attachments,

The thermal conductivity of fiberglas insulation was based
on the following experimental data (ref. D1) for 0.53 1b/cu ft
fiberglas in air at 10 mm Hg pressure between oxidized copper
plates at 50°F and 100°F:

Mechanism Conductivity, Btu in./hr ft=°F
Radiation 0.045
Solid conduction 0.013
Gas conduction 0.182
0.240

The effective emittance for the radiation flux between two
copper plates at 50°F and 100°F through 1 in. of fiberglas is

(0.045/(0.1714)(5.6% + 5.1%)(5.6 + 5.1)] 102 = 0.043
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The effective emittance eg through 1 in. of fiberglas alone is
determined from the relation

1
1
e (Cu-glass) €g

= 0.043

where
(C lass) = L
€ U-glascs 1 . 1
¢ (Cu) e(glass)
e(Cu) = 0.6, e(glass) = 0.8.
Then

1]

¢ (Cu-glass) 0.52 and eg = 0.0515.
The effective emittance for radiant flux between two gold shields
separated by 0.53 1b/cu ft fiberglas is

1
2 1

e (Au-glass) + €g

(Au) =

M}

where

1
L, 1
c(Au) " e(glass) ~

It

e (Au-glass)

]

e (Au) 0.05 and e(glass) = (.08.

Then e(Au-glass) = 0.0465 and €(Au) = 0.0166. The effective emit-
tance for four 1-in. sandwiches in series is ¢ = 0.0166/4 = 0.00415.
The effective cmittance for 4 in, of this insulation installed be-
tween aluminum walls is

€(Al) =

2, _ 1
c(Au-A7) T 0.00415
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where
1
e(Au-Ay) = T T
+ -1
e(Au)  e(Ap)
e(Au) = 0.05, e(Ag) = 0.20,
Then

c(Au-AZ) = 0.0416 and T(Ag) = 0.0035

The contribution of gas conduction through the insulation was
determined from the thermal conductivity of the atmosphere at the
average insulation temperature, Nitrogen was selected as repre-
sentative of the maximum gas conductivity and carbon dioxide was
selected as representative of the minimum gas conductivity. The
thermal conductivity for each of these two gases is shown in
figure D26 as a function of temperature.

For solid conduction paths the thermal conduction through the
standoff and support structure was based on 2 ft of epoxy-fiber-
glas, 1/8-in. wide and 4-in. deep for each square foot of surface
area, The effective transfer coefficient k/x for this penetration
is

(0.07)(2)(1/8)/(4) = 0.0044 Btu/hr ft=°R,

The thermal conductivity for the AA fiberglas is 0.013 Btu
in./hr ft®°F, The effective transfer coefficient, k/x, for a
4-in. layer is 0.013/4 = 0.0032 Btu/hr ft2°R.

The effective transfer cocfficient for both the standoff
structure and the fiberglas insulation is then 0.0076 Btu/hr ££2°R.

The overall effective conductivity of the installed insula-
tion was determined at three temperature levels for both nitrogen
and carbon dioxide gascs. The calculations are summarized in
table D6 and the conductivitics are plotted as a function of
average insulation temperature in figure D27. Since gas conduc-
tion is the major mode of heat transfer, there is a significant
difference in insulation performance if the Mars atmosphere is
CO, and if the atmosphere is N, Therefore, in analyzing the
cold extreme environment the N, conductions must be used; con-
versely, the €O, conduction must be used when analyzing the hot
extreme,  The conductivity range of 0,007 to 0.025, given in
table D4, is cxpected to cover the range from an insulation con-
taining CO, at low teuperature to one containing Np at high
temperatures,
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TABLE D6.- EFFECTIVE CONDUCTIVITY AS A FUNCTION OF TEMPERATURE

T, = 700°R T, = 560°R T = 630°R

Nitrogen gas

Conductivity
Btu/hr £t°R

Radiation (0.0035/3) (0.1714) (7% + 5.6%) (7 + 5. 6) 10-2 . 0.0020
Gas conduction (from fig. D26) .. . . 0.0170
Solid conduction . . 0.0025
Total 0.0215

Carden dioxide gas
Radiation . 0.0020
Gas conductlon (from flg D26) . 0.0120
Solid conduction . . 0.0025
Total 0.0165

T, = 560°R T, = 510°R Tav = 535°R
Nitrogen gas

Radiation (0.0035/3) (0.1714) (5.6% + 5.1%) (5.6 + 5.1) 1072 . 0.0012
Gas conduction (from fig. D26) . . . . . 0.0150
Solid conduction . . . 0.0025
Total 0.0187

Carbon dioxide gas
Radiation . 0.0012
Gas conduction (from flg D26) . 0.0095
Solid conduction . . 0.0025
Total 0.0132

T, = 530°R T, = 300°R TaV = 415°R
Nitrogen gas

Radiation (0.0035/3) (0. 1714) (5. 32 + 39) (5 3+ 3) 10-¢ . 0.0006
Gas conduction (from fig. D26) .. e . 0.0125
Solid conduction . . 0.0025
Total 0.0156

Carbon dioxide gas
Radiation . . 0.0006
Gas conduction (from flg D26) . 0.0065
Solid conduction . . 0.0025
Total 0.0096
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Energv sources. - Manvy energy

parametric studies including consumable types such as batteries
and chemical and nonconsumable types such as radioisotopes and
solar collector systems. FEach of these approaches is discussed
in the following paragraphs.

Consumable energy source, batteries: Figure D28 shows the
sterilizable silver-zinc battery specific weight in 1b/Btu as a
function of total battery energy required in the system. The
derivation of this curve is given in Section 8 of this appendix.

Consumable energy source, chemical: The most important re-
quirements for chemical e¢nergy sources are: the products must
be contained (i.e., in the solid or liquid phase) to prevent
landing site contamination; they should be as simple as possible;
and they should have a minimum specific weight (lb/Btu).

Many chemical reactions could be considered., Two of the more
promising reactions are shown in figures D29 and D30 along with
implementation concepts.

The concept shown in figure D29 consists of solid fuel slugs,
consisting of Cu0 and A{ in a conduction plate, which are fired
sequentially by a hot wirce by demand from a thermostat., The con-
duction plate could be copper or beryllium, In preliminary feasi-
bility tests conducted by R, Riebling of JPL a 0.5-in. copper plate
was used with 0.75-in.-diamecter fuel slugs. The specific weight
of this design is estimated to be 0,003 1b/Btu., If a beryllium
conduction plate were used the specific weight would be approxi-
mately 0.001 1b/Btu. A reasonable range of performance for this
system is 0,001 to 0.004 1lb/Btu. The primary advantage of this
approach is that it is simple and has built-in rcdundancy. How-
ever, its specific weight is relatively high.

The concept shown in figure D30 consists of a rcactor con-
taining lithium powder into which CLF, is injected through a
thermostatically controlled valve. Although this system is more
complex than the solid reactant concept, it has a much lower
specific weight as shown in figure D31, The assumptions uscd are
as follows:

1) 100 percent excess 1lithium, 6000 Btu/lb of propellant;

2) Fixed hardwarce weight (reactor, lines
10 1b;

, valves, etc.),

3) C(F. tankagce calculated as a function of amount re-
quired using a titanium tank.
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Nonconsumable energy source, radioisotope heaters: A four-
month study was recently completed by Atomics International for
Bendix on a 25 to 30 W Pu®3® heater for the ALSEP program. The
study results which are shown in table D7 include the ablator and
structure required for intact entry in the event of an abort. An
installation concept is shown in figure D32 along with an installed
weight estimate, which shows that a nominal specific weight of
0.044 1b-hr/Btu is considered reasonable.

Nonconsumable energy source, solar cells with phase change
storage: Solar cells are estimated to produce 30 W-h/(lb/day)
at a maximum Mars distance from the sun of 1.67 AU with a clear
atmosphere (see section 8 of this appendix). Solar cell specific
weight is 0.01 lb-day/Btu for the clear day environment and 0.02
for the intermediate environment, Many phase change materials
could be considered (see ref. D2), most of which have a heat of
fusion of about 100 Btu/lb. For example, hexadecane (C,gH5,) has
a heat fusion of 102 Btu/lb and a melting point of 64°F, However,
the packaging typically consists of an aluminum container with
honeycomb to increase the conductivity and would weigh about 20
percent of the material weight. Therefore, the installed phase
change would have a performance of 80 Btu/lb or a specific weight
of 0.0125 1b/Btu. Assuming that all of the energy collected by
the solar cells must be stored in the phase change material, the
system specific weight is 0.01 + 0.0125 or 0.022 lb-day/Btu for
a clear day environment and 0.032 lb-day/Btu for an intermediate
(50 percent solar) environment,

Nonconsumable energy source, solar cell with battery storage:
For long cycle life a nickle-cadmium battery with an output of
25.6 Btu/lb is used, Assuming all the energy collected by the
solar cells must be stored in the batteries the system specific
weight is 0.01 + 1/25.6 = 0.05 lb-day/Btu.

Nonconsumable energy source, capillary pumped fluid loop for
RTG: An attractive approach for thermal control of landers that
have RTGs (radioisotope thermoelectric generators) for electrical
power is to use the waste heat from the RTIGs. A concept for con-
trolling the flow of heat from the RTGs is shown in figure D33.
It consists of a capillary pump, condenser duct, and temperature
control valve. The feasibility of this device was demonstrated
in the testing reported in reference D3. The primary reason this
approach appears more attractive than a more conventional heat
pipe is that a heat pipe performance is very sensitive to an ad-
verse gravity head but the. capillary pumped loop is not. A weight
estimate was made of the hardware required and is shown in figure
D33.
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TABLE D7.- 25 TO 30 W ISOTOPE HEATER SUMMARY

Materials

Fuel
Structure
Fuel liner
Clad

Ablator

Dimensions

Fuel volume, cu in, (50% void)

Structure and liner thickness, in,

Clad thickness, in,
Minimum ablator thickness, in.
Capsule diameter, in.

Ablator diameter, in.

Weight, 1b

Fucl

Structure and liner

Clad

Total

Ablator

Total

pu23802
Ta-10 W
TA-10 W
Hastelloy X

80 AfF5-20 W

.935
.150
.030

.600

.170 (for 30 W)
564
.065
.80

1.84
2.64
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Energy rejection device: In some thermal control designs it
may be necessary to reject heat from the sytem through a control
device, A concept that could be used is shown in figure D34, It
consists of two vertical radiators on opposite sides of the lander
to ensure that the radiator in operation does not have direct solar
exposure, The radiators are sized so that all the heat could be
rejected from a single radiator. This is an important feature
since it is difficult to ensure a low /e coating in the dust
and érosion environment of Mars., The heat pipe evaporator is at-
tached to the distribution plate. The condenser tubes are at-
tached to the radiators. The radiator was sized assuming a ra-
diator temperature of 80°F (540°R) and an emissivity of 0.8 which
is capable of rejecting 35 W/ft®, It was estimated that the ra-
diator including the condenser tubes would weigh 2 1b/ft®. Since
two radiators are used the radiator system would weigh 4/35 = 0.11
1b/W. The evaporator is also expected to weigh 2 1b/ft® and have
an average input of 30 W/ftz, which results in 2/30 = 0.06 1b/W.
The valve fittings, etc.,, were estimated to weigh 5 1b, The total
estimated system weight is 5 + 0.17P, where P is the maximum heat
rejected in watts,

Procedure for estimating thermal control system weights, -

Heat requirements: The total weight of the thermal control
subsystem is a function of the environment, vehicle size and
shape, surface radiation properties, insulation conductivity
density and thickness, and the internal temperature requirements,
For such energy sources as a battery, chemical heater, or solar
collector system, the weight is a function of the total heat loss;
for a radioisotope heater energy source the system weight is a
function of the peak rate of heat loss.,.

Because of the large number of combinations among these vari-
ables, a parametric correlation was made of the daily heat re-
quirement and the peak heat rate for a flat octagon, having a
width-to-height ratio of 4.5, as a function of insulation thick-
ness, Thermal insulation conductivities of 0.007, 0.0125, and
0.025 Btu/hr ft°F were treated as parameters under each of the
four environments defined in table D5, The insulation density
was fixed at 1 1b/cu ft., The heat loss to the environment was
based on maintaining the internal temperature at 40°F (minimum
allowable equipment temperature) for all environments except the
hot extreme, For the hot extreme environment, the internal tem-
perature was maintained at 100°F. Analyses on various sizes of
vehicles under similar conditions indicated that within the size
limits under consideration, the heat loss was proportional to the
surface area.
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Distribution Radiator

plate

1 1
Temperature \\L—-Heat pipe tube

control valves

Fin area
Weight estimate:
W, =5, +0,17 P

R E (max.)
where:
WR = weight, 1b
PE(max.) = maximum equipment power, W

Figure D34,- Temperature Control Heat Pipe Concept
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The heat required to maintain the desired internal temperature
was determined by a transient thermal analysis over a sufficient
number of daily cycles to establish a cyclic temperature response.
The daily heat requirement was determined over one complete cycle,
The peak heat rate was determined over a half-hour period just be-
fore dawn. The results of these analyses are plotted in figures
D35 thru D42,

Procedure for estimating subsystem weights: Thermal control
of the landed equipment compartment is accomplished by insulating
the external surfaces to provide isolation from the environment,
and then adding energy sources and controls to maintain the in-
ternal temperature within the desired range. The total thermal
control subsystem weight is essentially the sum of these two
major components,

A procedure for estimating the subsystem weight is outlined
below based on the assumption that the average environmental tem-
peraturc is below the desired range of internal temperatures:

1) Optimize the insulation and energy source weights for
the coldest environment anticipated;

2) Determine if the system that has been optimized for
the coldest anticipated environment will overheat
in the hottest anticipated environment;

3) If the system does overheat in the hottest environ-
ment, one of the following modifications must be made,

a) Reduce the insulation to increase the heat loss
in the hottest environment and add energy source
capacity to maintain the desired internal tem-
perature under the coldest environment,

b) For short life landers, add phase change material

to absorb excess heat within the desired tempera-
ture range,

c) If options a) and b) result in an unacceptable
weight penalty, add a temperature controlled heat
pipe to increase the rate of heat rejection in
the hottest environment,
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Heat required, Qd/A’ Btu/ (ftZ-day)
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Figure D35, - Heat Required, Cold Extreme Environment
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\ Note: 1. Environment given on table D5.
\ 2. Shape, flat octagon width/height = 4.5.
800 ¥ 3. Lander surface properties:
\\ % = 0.6 } sides and bottom
X e = 0.3
\ ozs = 0.8 } top
\ € = 0,92
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Figure D36,- Heat Required, Intermediate Environment
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Heat required, Qd/A’ Btu/ (ft®-day)
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Note: 1. Environment given on table D5.
300ﬁ___ 2. Shape, flat octagon width/height = 4,5.;
\ 3. Lander surface properties:
\ a = 0.6
280 e =0.3
\ 4. Internal temperature, 40°F min.
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Figure D37,- Heat Required, Clear Day Environment




Heat required, Qd/A’ Btu/ (ft=-day)

100 ™~

APPENDIX D

240 Note: 1. Lander surface properties:
a = 0.6
€ =0.3
220 ~ 2. Internal temperature = 100°F,
\\ 3. Environment given in table D5.
N 4. Shape, flat octagon, width to
200 3 height = 4.5.
N
~
~
180 Ne
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160 Sl
™ S|k = 0.0025
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V4
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Insulation thickness, in,

Figure D38.- Heat Required, Hot Environment (@ = 0.6, ¢ = 0.3)
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Heat required, Qd/A’ Btu/(ft=-day)
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Figure D39,- Heat Required, Hot Environment (@ = 0.8, ¢ = 0,8)
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Figure D40.- Peak Heat Required, Cold Extreme Environment
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Peak heat required, é/A, Btu/ (hr-£ft%)
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35
Note: 1. Environment given on table D5.
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Figure D42.- Peak Heat Required, Clear Day Environment
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A procedure for determining the weight of a thermal control
subsystem using consumable energy sources is outlined below:

1) Determine the total heat required as a function of
insulation thickness up to a maximum of 6 in.,
(Heat Rejected) (Net Equipment Heat)

Q=46 (q /4 - (24.66) (3.41) (Pe-CP;)

where
Q = total heat required, Btu
A = lander area inside insulation, ft®
6 = life time, Mars days

Qd/A = daily heat requirement per unit area,
Btu/ft® day obtained from correlations
in figures D35 thru D38 for the selected
environment, insulation thickness and
thermal conductivity. (A high conductivity
based on 100% nitrogen atmosphere is recom-

mended)
Pe = average equipment power, W
P = penetration loss for extreme cold environ-
P ment, W
C =1.0 for extreme cold environment

= (0.76 for the intermediate environment

= 0.48 for the clear day environment (not
applicable for the extreme hot environ-
ment;

2) Determine the consumable cnergy source weight as a
function of insulation thickness,

W, = Qh
where
WE = weight of energy source, 1b
Q = total heat required, Btu from Step 1)
A = specific weight of energy source, 1lb/Btu

from table D4 for selected energy source;
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3)

4)

5)

6)

APPENDIX D

Determine the insulation weight as a function of in-
sulation thickness,

W, o= (WI/A)A
where

W_ = weight of insulation, 1b

WI/A = weight of insulation per unit insidec area,
1b/£ft? from figure D43, for selected lander
size, insulation density and thickness;

Determine total weight as a function of insulation
thickness,

Moo= W o+ W, 1b;

Select as optimum, the insulation thickness (I t)
o

corresponding to the minimum total weight, The weight
penalty required to increase the insulation thickness
so that no energy source is required (i.e., equipment
heat alone is sufficient) should be calculated. If
the weight penalty is acceptable the system without

an energy source should be selected since it would be
simpler;

Using the equation in step 1), determine if the in-
ternal temperature of the selected system cxceeds 100°F
in the hottest environment anticipated,

a) If the extreme hot environment is selected, Qd/A

is determined directly from either figure D38 or

D39 for optimum insulation thickness and the minj-
mum insulation conductivity. A conductivity based
on a pure carbon dioxide atmosphere is recommended,

b) If an environment other than the hot extreme is
selected, the (Qd/A) as determined from figure D36

or D37 must be modified to correct from an inter-
nal temperature of 40°F to one of 100°F by the
factor (At + 60)/At where

oo - (G28) G -,

24.624 12
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Insulation weight per unit area, W, /A, 1b/ft®
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7) If (Qd/A) A is greater than (24.6)(3.41) (Pe-CPf) ,

general overheating will not occur., However, tempo-
rary overheating may occur during daytime peak power
periods. For the range of peak power values in table
D4, the maximum internal temperature can be controlled
by adding phase change material having a latent heat
of 80 Btu/lb in the amount of P(peak)(3.41/80) 1b.
This weight is added to the subsystem weight deter-
mined in Step 4). If the phase change material weight
is unacceptable, a temperature controlled heat pipe
rejection device should be considered;

8) If (Qd/A>A is less than (24.6)(3.41) (Pe-CPP) the

internal temperature will exceed 100°F and the rate
of heat loss must be increased by one of the follow-
ing methods,

a) Reduce insulation thickness until (Qd/A)A =
. . -CP i
(24.6) (3.41) (Pe C P) and determine WT at the

reduced insulation thickness from Step 5); then
add the phase change material weight of P (peak)
(3.41/80) as in Step 7),

b) For short-life missions of a few days, add phase
change material to absorb excess heat. The weight
of this additional phase change material is

[(24.6)(3-41) (PerC2p) = (%/4) A](9/80),

c) If acceptable weights cannot be obtained with the
relative simplicity of methods a) or b), a tem-
perature controlled heat pipe and radiator system
shown in figure D34 can be added. The estimated
weight of this heat rejection system is

WR = 5.0+ 0.17 PE (max)

where PE (max) is the maximum equipment power, W,

This weight is added to the subsystem weight de-
termined in Step 5) to determine the total weight,

Subsystem weights using solar cells or solar collectors that
store solar energy in batteries or phase change materials for use
during nonday-light periods can be estimated according to the
above procedure by basing the energy requirements on one daily
cycle.
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The weight of a system using isotope heaters or RIG waste
heat depends on the maximum heat rate required and assumes the
use of a temperature control device (see figs, D32 and D33).

The maximum heat rate required is determined from the equa-
tion

é = A (Q/A) max - 3.41 (Pe (min) - CPP)
where

= maximum heat rate required, Btu/hr

lander area inside insulation, ft?2

~ > O
"

P (min) = minimum equipment power, W
e

P = penetration loss for extreme cold environment, W

O o
li

1.0 for extreme cold environment
= 0.91 for intermediate environments

= 0.74 for clear day environment (not applicable for
extreme hot environment)

(é/A) max

"

maximum heat rate per unit inside area, Btu/hr ft2
(from figs. D40, D41, and D42) for the selected
environment, insulation thickness and conductivity.
A high conductivity based on a 100% nitrogen atmos-
phere is recommended.

The procedure for determining the subsystem weight based on
the maximum heat rate required is analogous to the procedure
based on the total heat required. An example of the application
of this procedure to configuration 1A is presented below. This
configuration uses isotope heaters and the extreme cold and hot
environments are used for the limiting heat requirements.

A = 38,51 ft= Pe (min)
k(cold) = 0.0133 Btu/hr ft°R
k(hot) = 0.0120 Btu/hr ft°R
1.0 1b/ftS

0.044 1b hr/Btu

I

10 W
(max) = 35 W

(peak) = 144 W-h

= (0.263/3.41) (Q/A) A W

>
1]

P
e

P
@

P
P

C = 0.217 for hot environment

Using the cquation Q = A(Q/A) max - 3.41 (P - CPp) for re-

e

quired heat input as a function of insulation thickness and (Q/A)
max values from figurce D40, the following tabulation is deter-
mincd,
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Insulation, (Q/A)max, A((‘Q/A)max, CPp, 3'41(Pe - CPp)’ d,
in, (Btu/hr ft?) Btu/hr W Btu/hr Btu/hr
2.0 20.0 770. 59. 169. 939,
2.5 16.3 629. 48. 131. 760.
3.0 13.9 536. 41, 107. 643.
3.5 12.2 470. 36. 90. 560.
4.0 10.9 420, 32. 77. 497.
4.5 9.9 382. 30. 67. 449,
5.0 9.1 351. 27. 58. 409,

Then using the equations W = A\, Wy = (Wp/A)A and W =P

(peak) 3.41/80, and the WI/A values from figure D43, the follow-

ing weights tabulation is determined.

Insulation, wE, wI/A’ wI’ wpc’ wT’
in, b | 1b/fEZ| 1b b b
2.0 41.3] 0.190| 7.3| 6.1 | 54.7
2.5 33.5| 0.244{ 9.4 6.1 ] 49.0
3.0 28.3| 0.302| 11.6| 6.1 | 46.0
3.5 24.6 | 0.363| 14.0( 6.1 | 44.7
4.0 21.9 | 0.428 | 16.5] 6.1 | 44.5
4.5 19.7] 0.496|19.1{ 6.1 | 44.9
5.0 18.0{ 0.568 |21.9| 6.1 | 46.0

Therefore, the minimum weight is obtained with about 3.8 in.
of insulation, although anywhere between 3 and 5 in. would be
acceptable, With the hot environment and 5 in. of insulation,
the heat that must be disipated is (24.6) (3.41) [?e(max) - CPP]

or 2446 Btu/day. With Qd/A from figure D38 of 73 Btu/day ft=,

the minimum heat dissipated at 100°F is 2811 Btu/day so there are
no hot environment limitations.

The actual point design calculations for configuration 1A
produced a thermal control subsystem weight of 46.8 1lb with 3.0
in. of insulation. This minimum-acceptable thickness was selected
for structural reasons.
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Examples: There is an enormous number of combinations of
parameters and thermal control system options that could be con-
sidered; however, the procedure developed above will be an im-
portant aid in that it can be used to quickly estimate the thermal
control system weight for any combination of parameters and ther-
mal control options, Figures D44 thru D50 show examples that were
calculated using the procedure developed, It is important to note
the following:

1y)

2)

3)

4)

5)

The results are valid only for the nominal conditions
given in the figures;

Where overheating occurred the solution was to reduce
the insulation thickness only;

All points are based on optimized insulation thick-
ness except where it was necessary to reduce the in-
sulation thickness to prevent overheating;

The clear day environment (table D5) was used in
these examples to check for overheating;

The insulation thickness was limited to a maximum of
6 in,

Cruise and Descent Modes

Cruise and descent modes are discussed in the following para-

graphs.

Cruise,

- The following assumptions are used as a basis for

our weight estimates:

)

2)

3)

4)

Cruise mode thermal control for a capsule without RTGs
consists of multilayer insulation on the outside of
the sterilization canister and thermostatically con-
trolled heaters powered from the orbiter solar cells;

A 50 percent margin over test data was used for the
multilayer insulation performance to account for ma-
terial and installation variability;

Biovent and other penetration losses are assumed to
be proportional to the capsule area;

RTGs can be cooled passively during the cruise mode,
This concept was proved in full-scale tests conducted
by Martin Marietta and reported in reference D4, RTGs
with 13 600 W thermal output were tested in a capsule
with an area of 750 ft2,
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Multilayer insulation: The most critical component in the
cruise and descent mode design is the multilayer insulation.
Full-scale tests of a cruise mode insulation system were con-
ducted by Martin Marietta Corporation (ref. D4). This insula-
tion consisted of 10 layers of %-mil Mylar aluminized on both
sides with two layers of silk mesh between each shield, The
following performance was achieved,

q/A
Weight W/A

0.40 Btu/(hr-£t2) at 55°F

0.078 1b/ft® (with 2-mil Kapton cover)

In addition, an R&D program was conducted by General Electric
on contract to JPL to develop an insulation for this application
(sce ref. D5). The insulation system developed consists of 22
layers of %-mil crinkled Mylar gold plated on one side with a
2-mil Kapton cover. A large number of tests were conducted in-
cluding ETO and heat sterilization, small-scale thermal tests,
including the effects of joints and attachments, shock, vibra-
tion and launch depressurization., In addition, full-scale ther-
mal tests were conducted that resulted in performance essentially
the same as the Martin Marietta tests,

The penetration losses during the Martin Marietta full-scale
tests were 25 percent of the insulation loss. Less penetration
loss would be expected in this vehicle because conservatively
large biovents (4-1 ft diam) were used in the 750 ft2 capsule
and most of the penetration losses were through these vents.,
Using these factors and a 50 percent margin for insulation ma-
terial and installation variability, the heater power required
from the orbitor is 0.22 W/ft=,

Capsule with isotope heaters: In some system designs isotope
heaters arce used for the lander thermal control. This heat is
available for cruise mode thermal control and will reduce the
anmount of insulation required, In the insulations described
above, the cover and attachments weighted 0.02 1b/ft® and the
shiclds (and scparators) weighed 0.06 1b/ft2, The insulation
weight required for the isotope cases can be approximated as
follows:

(W/A) = ?8f%X7 x 0.06 + 0.02
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where
Q= Qpy - Qp * Qgy
QIH = output of isotope heaters, Btu/hr
QPL = penetration losses, Btu/hr
QEH = electrical heater power, Btu/hr

In the full scale tests conducted by Martin Marietta on a
750 ft2 capsule the penetration losses were 25-W (85 Btu/hr).
Assuming the penetration losses are proportional to the capsule
area QPL can be estimated as follows

A
QPL =750 x 85 Btu/hr

The electrical heaters (thermostatically controlled) are used
to control the capsule temperature which would vary as a result
of heat loss unpredictability (primarily through the multilayer
insulation). Installed insulation repeatability was not deter-
mined in either the Gencral Electric or Martin Marictta tests
described above, However, we estimate that the repeatability
should be about i25%, Therefore, QEH should be equal to 0.25

QIH'

Capsule with RTGs: Based on assumption 4) above, the only
weight that must be added to a capsule with RTGs is for a thermal
coating on both the inside and outside of the sterilization can-
ister, Detailed analysis and test results for this approach are
presented in references D4 and D6 for a 20-ft-diameter capsule
which had a total RTG thermal output up to 13 600 W (500 W elec-
trical). Assuming that the capsule and RTG designs are geometri-
cally similar t® those in the references given above, the maximum
RTG output allowable would be approximately (D/20)% (13 600) W
thermal and (D/20)% (500) W electrical.

Descent., -~ The following assumptions were used as a basis
for the weight estimates for the out-of-orbit cases:

1) A passive thermal control system similar to that de-
veloped in vur Voyaper Phase B studies (ref, D6) will
be uscd;
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The weight estimate is based on the detail weights
calculated during our Voyager Phase B studies and are
assumed to be proportional to the square of the cap-
sule diameter (i.e., geometric similarity is assumed)
except as indicated below,

Voyager Phase B Weights Weight, 1b

1. Engine insulation® 10

2. Coatings (on aeroshell) 9

3. Equipment multilayer 7
insulation

4. Entry base heating 28
insulation

5. Standoffs® 2

6. Heaters® 1

aIndependent of capsule size.

The estimated weights are:

]

Landed equipment weight = 13 + 35 (D/19)2
= 13 + 0.1D2

9 (D/19)% = 0.025D%

Il

Aeroshell weight

For direct entry cases the same assumptions are
made except that a separate entry base heating shield
is added to the design. The weight equation for the
landed equipment for this case is the same as above
except that the entry base heating insulation is not
needed since a separate base heating shield is used

W= 13+ 7 (D/19)2 = 13 + 0.02D2
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3. PROPULSION PARAMETRIC DATA AND SUBSYSTEM STUDIES

This section presents the parametric data and analyses per-
formed on the propulsion subsystem in the course of the Mars Mis-
sion Mode contract,

These data include propulsion subsystem weight as a function
of velocity increment, a comparison of monopropellant and solid
deorbit systems, a comparison of blowdown and regulated pressuri-
zation systems, and a comparison of monopropellant and nitrogen
attitude control systems,

Parametric Data

During Part T of the Mars Mission Mode Study, propulsion sub-
system parametric data were generated for the capsule weights and
velocity increments considered in the study, Bipropellant, mono-
propellant, and solid systems were sized for the deorbit, deflec-
tion, and retro functions, while bipropellant and monopropellant
systems were considered for the landing function. The constraints
used in deriving the parametric data are shown in table D8. 1In
figure D51, the solid motor weight for the deorbit, deflection,
or retro maneuvers is plotted as a function of total impulse, The
range of total impulse covers the range of weight and velocity in-
crement for the deorbit, deflection, and retro maneuvers. Two val-
ues of specific impulse were used to allow comparison of aluminized
and nonaluminized propellant,

Figure D52 presents propulsion subsystem weight versus total
impulse [or bipropellant and monopropellant deorbit and direct
entry systems. The ranges of AV and capsule weight are the same
as those used in deriving the solid motor data. Figure D53 is an
amplification of the near-origin section of figure D52, The equa-~
tions used to determine engine weights for the systems presented
in figures D53 and D53 were derived from vendor data and are listed
below. For monopropellant engines, the following weight equations
were used:

1) Conventional engine weight = 0.02875 (thrust) + 14.875;
2) Advanced engine weight = 0,02225 (thrust) + 3.725.

1ol
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These relations arve based on Rocket Rescarch and TRW data.
Figure D54 shows engine weight as a function of thrust For abla-
tive bipropellant engines and a burning time of 100 sec. Figure
D55 shows how to adjust figure D54 weights as a function of burn-
time and the ratio of thrust to chamber pressure, All burntimes

in fivures D534 and D5% are useful burntimes; a factor of threc

margin was nscd between burning time and engine life.

In addition to the rubber engine weights used to calculate
figures D52 thru D54, propulsion system weights were determined
based on existing engines.

Figure D56 presents propulsion subsystem weight versus total
impulse for systems using the Lunar Orbiter and Mariner '6Y c¢n-
gines. Thesc systems are most applicable to deflection or low
AV, low weight deorbit, and retro mancuvers,

Figure D57 presents propulsion system weight versus total im-
pulse for systems using the Lunar Module ascent and descent en-
gines, These data arc constrained by the 10-sce minimum burnt ime
limit required by the guidance system and are, theretore, appli-
cable only to missions having high energy requirements,

Figures D58 and D)HY present propulsion subsystem weight not
including engine and cngine support weight versus propellant weipht
for monopropellant and bipropellant landing and retro svsi.oms, 1o-
spectively. These data are applicable to weights ranging trom 300
to 6000 1b and velocity increments of 600 tu 850 fps and vetro
weichts ranging from 400 to 8000 lb and velocity increments of 500
to 2000 fps. The deletion of engine weight from these curves per-
mits flexibility in the thrast-to-weight ratio and the number ol
engines used on a oiven configuration. By using thesce cquations
or curves, the cngine weight can be determined.,  Engine support

weight can then be caltceutated trom the tollowing cquat ion:

)
W = 0,07 (Lhrusl)‘_/3

anyg supports

With W alwiays > 2.0,
eng supports ; -

Attitude control system (ACS) parametric data were also gencr-
ated during Part I, Figure D60 presents attitude control systoem
weight as a function ot required ACS total impnlsce,  These Jdata
have been generated for the H00- to 10 000-1h rance of capsule
weight,
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Vernier propulsion subsystem weight, 1b
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Sl I R N N O D

Note: 1. hp = 1000 km,
2. Ry =0.5x 10° km,
80 3. - _300.

AV 55 m/sec

0 -10 =20 -30 -40 -50 -60
A, deg

Figure A88.- Ejection AV Requirements
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b) Solid rocket motor
1 motor,

I = 280 sec (aluminized propellant),
sSp

Mass fraction = 0.85;
2) Deflection - same as deorbit;
3) Vernier, monopropellant,
a) 3 engines,

b) T/W (Mars) = 3.3,

initial
c) Blowdown pressurization (BDR = 3.,0),

d) 1 = 225 sec,
SPay

e) € = 20:1,
f) 1Initial tank pressure = 500 psia,

g) PC = 300 psia,

h) T/W (Mars) = 0.8.

initial
Table D9 presents a weight comparison of the two configurations

with solid and monopropellant deorbit or deflection systems. These

data indicate that a gain in landed equipment weight of 48.5 and

41.5 1b is achievable by using a solid motor for the deorbit or de-
flection functions.

The data in table D9 account for growth in the delivery eclements
that are produced by the increase in entry weight for the solid sys-
tems. Changes in aeroshell, parachute, vernier propulsion subsystem,
and landing structure are shown in the table. Entry ballistic coef-
ficient (Be) was held constant to maintain the same descent trajec-

tory when comparing the configurations,
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Comparison of Regulated and Blowdown Pressurization

An analysis was performed to determine the mode of pressuri-
zation for an out-of-orbit Mars soft lander. The results of this
analysis indicate that from a weight and reliability standpoint,

a blowdown system is preferred when compared to a regulated system.

The following configuration was considered in this study:

1) Initial capsule weight = 1500 1b;
2) Deorbit weight = 1365 1b;

3) Deorbit velocity increment = 300 mps;

4) Vernier weight = 1040 1lb;

[

5) Vernier velocity increment = 724 fps;

6) Monopropellant (NoHy) propulsion subsystem;

7) Gaseous nitrogen pressurization;

8) One engine for deorbit, three engines for vernier;

9) Landing engine used as the deorbit engine.

This configuration is representative of those considered in
the Mars Mission Modes Study. The net landed useful payload is
approximately 500 1b. The deorbit and vernier velocity are taken
from the mission modes data and represent the maximum for cach
phase of the mission.

To determine the engine size for the vernier system, the thrust-
to-weight ratio (T/W) as a function of blowdown ratio must be de-
rived. Figure D62 presents the relationship of T/W and vernicr in-
itial altitude for a constant thrust descent (regulated system)
where initial altitude is defined as the point at which the lander
is released from the parachute. Figure D63 shows the percentage
of initial thrust remaining at the end of blowdown versus blow-
down ratio.

To determine the initial T/W required for the blowdown sys-

tems, the T/W was adjusled to compensate for the average thrust
during blowdown.
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The thrust to weight versus blowdown ratio data are presented
in figure D64, Figure D64 was used to determine the maximum ver-
nier engine thrust for the various blowdown ratios. The same
thrust was then used to provide the deorbit impulse, thereby main-
taining the concept of similar engines for deorbit and landing.

Figure D65 presents deorbit propulsion subsystem weight versus
blowdown ratio. Thesc data indicate that blowdown systems are
lighter than the regulated system. This penalty is produced by
the additional components and pressurant required for the regu-
lated system.

Figure D66 presents the same data for the vernier propulsion
subsystem. These data indicate that a blowdown ratio 3 is opti-
mum, although the weight differentials are small. This curve re-
flects the effect of engine weight on total systems weight. Fig-
ure D67 is a summation of figures D65 and D66.

Point designs having the characteristics tabulated below were
analyzed to show the orivin of these weight differcnces:

Regulated system
Pressurant tank pressure, psia . . . . . 3000

Propellant tank pressure, psia . . . . . 500

Chamber pressure, psia . . + « « « « . . 300
I , deorbit, sec v v v v v o v o v e 230
sp

I , vernicer, SeC « « « « 0 e 4 e e e 225
sp

Blowdown systcm

iy Pressurant tank initial pressure, psia . 500
Propellant tank initial pressure, psia . 500
Chamber pressure, psia . . . « « « « . . 300
I , deorbit, sec . . . « ¢ o 0 228

Sp
I , vernier, SCC « « v « + « + 4 e . 225
sp
Blowdown ratio . . « .+« +« +« « « o o o . 3:1
General
Deorbit velocity increment, mps . . . . 300
Vernicr velocity increment, fps o . . . 724
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The weights for these systems are shown in table D10, which
shows that the weight advantage of the blowdown system comes from
the more efficient use of pressurizing gas and reduced number of
components. These savings essentially compensate for the larger
and heavier engine required for the blowdown systems,

The blowdown system has an undeniable reliability advantage
that results from the reduced number of active components, Our
estimate of this reliability advantage is shown in figure D68.

The failure rate data are based on the assumption that 25% of the
regulator failures cannot be prevented by redundancy, i.e., contam-
ination failures and cross talk.

This study shows both a reliability and a weight advantage for
the blowdown system; the system is therefore preferred.

TABLE D10.- REGULATED AND 3:1 BLOWDOWN
SYSTEM WEIGHTS

Item Regulated 3:1 Blowdown
Deorbit
Propellant 178.5 180.0
Usable 170.0 171.4
Trapped 8.5 8.6
Propellant tanks 7.8 7.8
Pressurant (GNy) 10.2 4.6
Pressurant tanks 13.2 6.0
Engine (1) 12.6 15.7
Components, lines 16.3 13.0
Engine mount, supports 16.8 16.3
Total wet weight 255.4 243.6
Vernier
Propellant 103.9 104,38
Usable 99.0 99.8
Trapped 4.9 5.0
Propellant tanks 5.4 5.4
Pressurant 5.9 2.7
Pressurant tanks 7.7 3.5
Engines (3) 37.8 47.1
Components, lines 21.6 18.3
Engine mounts, supports 22.2 22.8
Total wet weight 204.5 204.6
Total deorbit and vernier system
weight 459.9 448.2
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Pressurization system failure rate
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Comparison of Hydrazine and Nitrogen
Attitude Control Subsystems

The purpose of this study is to compare monopropellant hydra-
zine and cold gas (Np) attitude control systems for the Mars Mis-
sion Modes point designs. The characteristics of the two systems
compared are tabulated below:

Item NoH, system Ny system

ISP (pulse mode), sec 150 50
PC (maximum), psia 200 200
Fuel tank pressure (maximum), psia 360 -——-
Nz tank pressure (maximum), psia 361 3600
Pressurization 1.5:1 blowdown Regulation
Thrust, 1b

Pitch, yaw 2.4 2.4

Roll 3.2

To determine the ACS weight, the following propellant utiliza-
tion schedule was used. This schedule is representative of the
propellant required for the out of orbit mission mode.

Total impulse (Isp = 150) (Isp = 50)

required

Item (1b-sec) N2H4req N2req
Separate from capsule 2.5 0.02 0.05
Coast, 30 minutes 11.9 0.08 0.24
Maneuver for deorbit thrust k 4,6 0.03 0.09
Deorbit thrust attitude hold 176.0 1.17 3.52
Coast, 8 hr 10.8 0.07 0.22
Maneuver for entry 4.2 0.03 0.08
Coast, 4 minutes 1.8 0.01 0.04
Rate damping at entry 91.5 0.61 1.83
Landing phase roll hold 63.6 0.42 1.27
Total required 367.0 2.45 7.35
Contingency (100%) 367.0 2,45 7.35
Total loaded 734.0 4.9 14.7
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From the preceding duty cycle, the weights for the NzH, and
N, attitude control systems have been calculated:

Weight
Item N2H4 N2

Propellant (including
residual) 5.1 15.6

Propellant tanks .6 20.6

Pressurant 4 —_————

Pressurization tanks 1.0 -———-

Thrusters 6.4 4.0

Components, lines 19.4 12.3
Ordnance valves 8.0 5.6
Filters 1.0 A
Hand valves 1.5 )
Disconnects 1.5 .3
Pipe cutters 1.6 -—--
Instrumentation 3.6 3.0
Lines 2.0 2.5
Propellant control device .2 -—-

Supports 8.7 12.4
Tanks 2.7 6.4
Thrusters 6.0 6.0

Total 41.6 64.9

The weight data indicate that the NpHy system has a weight
advantage of 23.3 1b when compared to the Nz system.

A comparison of the reliability values of the two systems con-
sidered in this study is presented below:

System Reliability
NoHy 0.9967
No 0.9981

These data indicate that the nitrogen system has a reliability
advantage.
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The thrust levels required for the ACS (2.4, 3.2 1bf)do not

represent significant development risk for either the NzH; or N»
systems in that considerable development work has been done in
this thrust range.

The parametric data derived in Part I indicate that for the
N, system to be competitive from a weight standpoint, gas regula-
tion is required. The regulator represents a significant failure
source as evidenced by past programs.

The NoH, system has been selected for the Part II point de-
signs primarily due to its weight advantage and elimination of
gas regulation.
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4, GUIDANCE AND CONTROL

Planetary Approach Guidance

Problem definition and approach. - As a spacecraft approaches
Mars the trajectory will be known to within a covariance matrix,
P , which is the result of errors in deep space network (DSN)
tracking, planet ephemeris, and physical constants of the equa-
tions of motion, These errors will result in entry condition er-
rors for a capsule separated from the spacecraft and placed on an
entry trajectory. Also, they will result in orbit ephemeris er-
rors when the orbiter part of the spacecraft is placed into orbit
about the planet, Through the use of onboard measurements, the
navigation errors of the spacecraft can be reduced, With improved
navigation, the velocity correction required to place the capsule
on the entry trajectory can be modified to reduce the entry con-
dition errors. Similarly, the orbit insertion maneuver for the
orbiter can be used to correct the trajectory for that case,

For the case of the capsule entry condition, maneuver execu-
tion errors in applying the deflection impulse result in an entry
angle error of about 1/2° (1-). A position error of 25 km normal
to the approach velocity and in the trajectory plane will also pro-
duce an entry angle error of 1/2°. TFor this reason 25 km was
chosen as a design goal for evaluating approach navigation results,

The types of measurements that can be considered for onboard
mechanization are active ranging, celestial angles, and inertial
angular velocity,

Active ranging has been considered briefly for both direct ra-
dar measurements from the spacecraft or differential ranging using
an earth transmitter and receivers on the spacecraft receiving the
direct earth signal and the bounce from Mars. Either of these
approaches was quickly eliminated due to size, weight, and power
penalties, Measuring the inertial angular velocity requires ex-
tremely accurate gyros mounted on a planet tracker, Because the
spacecraft approaches the planet on a hyperbolic trajectory that
is nearly a straight line, at the ranges of interest (600 000 km
to 50 000 km) the angular velocity of the orbit is very small so
that poor signal-to-noise characteristics are obtained (ref, D7),

Celestial techniques consist of measurement of line of sight
(LOS) directions to the sun, stars, the planets, and planet moons,
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Planet moon ephemeris accuracy is questionable, Sun, star, and
planet LOS measurements are state-of-the-art techniques used on
most spacecraft, although usually for attitude control, The
simplest ranging technique is to measure the planet subtended
angle (or disc angle), Therefore, the system considered for
further study consisted of a sun tracker, a star tracker, and a
Mars tracker measuring the LOS directions to those bodies and a
disc angle measurement, considered to be a second function of
the Mars tracker. The geometry of this system is defined in ref-
erence D8 and has previously been studied in reference D9, The
simplified geometry of the measurements is shown in figure D69,

The primary purpose of this study was to define the required
measurement accuracy and to assess the feasibility of obtaining
instruments that could perform adequately, Consequently, several
simplifying assumptions were made to focus attention on the sensor
requirements and to simplify the analysis and simulation problems.
The primary assumptions and ground rules are as follows:

1) The spacecraft approach orbit was assumed to be a two-
body hyperbola with final hyperbolic velocity of 3
km/sec and periapsis altitude of 1000 km;

2) Measurements were to be made between 600 000 km and
50 000 km from the planet;

3) DSN tracking would provide an initial trajectory
estimate with the associated covariance matrix, For
this study, a spherical position error of 150 km
(lo) and a spherical velocity error of 0.02 m/sec
(lg) were assumed as the initial errors;

4) DSN measurements and onboard measurements would not
be processed jointly in the same statistical process;

5) The sensor errors could be represented by Gaussian
white noise of specified mean and variance;

6) A Kalman filter would be used for estimating the po-
sition, velocity, and sensor biases from the onboard
measurements,
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Assumption 1) was made for computational simplicity and is
equivalent to assuming that perturbations about the actual orbit
can be described by perturbations in the hyperbolic orbit. The
range defined in Assumption 2) is limited by spacecraft AV re-
quirement on the small end and the planet sphere of influence on
the large end, In Assumption 3), the intent was to show that the
onboard measurements could improve the navigation accuracy for
pessimistic estimates of DSN accuracy. Assumptions 4), 5), and
6) simplify the analysis problem considerably. The resulting
data on sensor accuracy requirements are then specified so that
the sensors will definitely cause the navigation accuracy to im-
prove whether DSN tracking data are combined with the measurements
or not. Since the onboard measurements are essentially position
measurements and velocity must be implied, the DSN measurements
at interplanetary distances are velocity measurements, combined
processing is complementary and should yield better navigation
accuracy than either set of measurements processed alone.

Mathematical formulation. - The variables to be estimated
will be called the state vector, X, which consists of three

position deviations from a nominal trajectory, three velocity
deviations [rom nominal, and three measurcment angle biases.
Deviations from a nominal trajectory are used so that the well-
developed techniques of sensitivity analysis and linear estima-

tion theory can be used. The measurement vector, Y, also con-
sists of three deviations from nominal in the angles APC’ APS’
and @ shown in [igure D69. The measurement vector is related
to the state vector by a matrix of partial derivatives obtained
from the geometry of the problem (vef. D§). For this study,
Y = HX + (Dla)
I |
H=|H : 0 ! I (D1h)
|
P 1
where

y measurement noise with zero mean

<o
1

the 3 x 3 zero matrix

I = the 3 x 3 identity matrix
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[C c c..]
11 12 13
R R R
C C C
21 22 23
=== e —== D
iy R R R (Dle)
C C C
31 32 33
| f £ £ ]
where
R = range from planet
= B2 - (0/aR)? (D1d)
D
where
D = planet diameter
C.. = direction cosines dependent on measurement geometry,

11

In these equations, as shown, the three measurements Y are not a
function of velocity (hence the zero matrix) and directly contain
the measurement bias states (hence the identity matrix). The use-
ful data in the measurement Y 1is position data as defined by the
matrix transformation Hp. Notice that the measurement sensitivity

for the sun-planet and star-planet angles are directly proportional
to range, R, whereas the disc angle measurement sensitivity is
proportional to RY, Thus, as the range decreases, the measure-
ment quality improves for fixed sensor accuracy.

The state, X, 1is a physical vector that can be calculated
from the perturbed equations of motion. For this study, the
matrizant, &, of reference D10 was used to propagate trajectory
deviations from one measurement time (tP) to the next (t’ + 1),
That is, v L '

X =0 (t t)X+e

e+ SR (02)

€ is an error source to represent inexact knowledge of the equa-
<

tions of motion, The recursive Kalman filter is mechanized by the
equations,
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X4 = 0 X+ K (Ykﬂ -HO xk) (D3a)
where
T , T -
K =P  H |[HP 1 D3b
. ( kH +R) (D3b)
PP =0 P O 4+ Q (D3¢)
k k
=P’ - P’ D
Pk+l Pk i k (03d)

~
In these equations, K 1is the optimum gain matrix that makes X
a minimum variance estimator of the state, X. The covariance
matrix of error in the estimate is P. The symbol R 1is the co-
variance matrix of the sensor noise, 7. Q 1is the covariance
matrix of the dynamic equation error, ¢,

A digital simulation program containing all the preceding
equations was constructed for the IBM 1130. The simulation also
contains supplemental calculations to define the measurement
matrix H in terms of arbitrary angles for the three celestial
bodies used plus equations to compute the nominal orbit position
velocity and time. This simulation used a random number generator
to produce Gaussian noise of specified mean and variance for use
in the measurement equation (Dla). An actual perturbed trajectory
(non-zero X) could be simulated through use of the state transi-
tion matrix ¢, Thus, absolute convergence of the estimated state
X to the actual state X could be checked as well as the filter
internally generated covariance P. Under stable [ilter opera-
tion the square root of the diagonal elements of T form an up-
per bound for the actual deviation,

2X = |X - x| (D4)

Simulation results. - Many preliminary computer runs were
made to check the simulation and define which parameters were not
significant contributers to the overall conclusions. These runs
are not presented here; however, the basic conclusions made are
as follows:

1) The dynamic model noise, ¢, with covariance, Q,
has no appreciable effect on the results becausc the
time available for measurements is not long enough
to produce data saturation and filter divergence.
For this reason the runs presented have Q = 0;
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2) The convergence time of the filter covariance 1s de-
creased as the time between measurements is descreased
and a larger number of measurements is obtained.
Measurement intervals shorter than 0.1 hr were not
tried since computer run time becomes long. Measure-
ment intervals of 15 minutes produce good results
within the available time of 24 hrj

3) Ranges larger than 300 000 km yield poor results for
the range of sensor accuracies studied due to the
sensitivity effect described previously;

4) The convergence time is insensitive to the choice of
the position terms of the initial covariance matrix,
Po' Very large values of P  are reduced to reason-
o

able values after one measurement, This statement

is not true, however, for the velocity terms of P
o

because the measurements do not directly define veloc-
ity.

Table D11 summarizes the most useful results obtained. Each
of the 12 cases shown is plotted in figures D70 thru D82, as in-
dicated in the table.

Cases 1 thru 4 of the table show the sensitivity of the navi-
gation process to the disc angle accuracy. Downrange position
(X) 1is affected strongly while inplane normal (Y), and cross-
range (Z), are not affected appreciably. Comparing Cases 3
and 4 shows that a disc angle error of 90 arc-sec is only slight-
ly better than no disc measurement at all. In these runs, the
sun was assumed to be near the trajectory plane and Canopus about
60° below the plane. As shown in Case 8, a sun sensor accuracy
degradation affects in-plane errors X and Y., Case 9 shows
that the Canopus error affects only the cross plane error Z.

The planet line-of-sight angle affects both the angles APC and

AP shown in figure D69, Thus, as Case 10 shows, all three po-
51§ions errors are affected by this measurement accuracy. The
effects of biases in the measurements are shown in Cases 5, 6,
11, and 12, 1In these cases, the Kalman filter is mechanized to
estimate the biases and remove them from the measurements. As
seen, the convergence is not as good; however, these runs were
taken with a fixed number of measurements. Taking more frequent
measurements will probably reduce the effect of biases further.
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The figures corresponding to the cases in the table are all
plots of the Kalman filter generated covariance matrix, P, x-
cept for figure D71, Figure D71 is a plot of the absolute value
of the estimated state minus the actual state, equation (4). As
can be seen, the curves of figure D70 bound those of figure D71,
This is generally true if the filter is well designed.

Interpreting these results in terms of the capsule entry is
simplified because the entry angle error is sensitive only to the
Y direction error. The X direc¢tion error produces only a time
of arrival error at the arbitrarily specified entry altitude. The
Z direction error produces negligible error in the entry angle.
Scanning the results of table D1l shows that the Y direction
error is less than 25 km for all cases except the large bias,
Cases 11 and 12, This is true even though some cases do not mech-
anize the disc angle measurement, The large bias Case 1l is small
enough to believe that a slightly more frequent measurement in-
terval would reduce the error below 25 km.

The use of planetary approach guidance to improve the orbiter
ephemeris accuracy was not considered in this study. It is ob-
vious, however, that some improvement could be achieved over the
case with DSN tracking alone. For the orbit injection case, the
disc angle error is probably more important.

Sensor survey. - Three basic sensor types are considered in
this survey:

1) A sun sensor providing two-axis pointing to the sun;
2) A star sensor (Canopus) providing two-axis pointing;

3) A planet sensor providing two-axis line of sight to
the planet. This sensor could also measure the planet
subtense angle for range determination.

The technology for both sun and star sensors is well developed
and the choice of a specific sensor is dictated by a tradeoff of
mission requirements, weight, and cost. Planet sensors are not
as well developed, nor the target characteristics as well known,
as the other two types.

Sun sensors operate on a relatively large and intense target.
The angular accuracy of the sensor is limited by its ability to
locate the center of the solar disc. Three techniques are con-
sidered here that yield different accuracies at related cost and
weight.
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The simplest sun sensors consist of radiation balance detec-
tors in a bridge configuration, The coarse and fine '"Eyes'" built
by Ball Brothers are representative of this type. This type of
sensor exhibits good accuracy at null with a relatively narrow
range of linearity. Typical specifications include:

Fine Eyve FE-5

Field of view (FOV) +15°

Linear range +1°

Accuracy 1'

Size 875 in. diam x .95 in, long
Weight 9.5 gr ea

The next type of sensor is the digital readout unit charac-
terized by the Adcole Digital Solar Aspect Sensors. These have
good linearity over wide angles and have accuracies similar to
the radiation balance units. Vernier techniques are available
to give better accuracy at the cost of increased weight and com-
plexity. Typical specifications include:

Grey Code Processor

FOv Up to 128° cone
Resolution 1/2° to 1°
Sensor weight 4 oz

Power 2 W

Electronics size 7-3/4x3x4 in,

Vernier (V Brush) Processor

Fov 128° cone
Resolution 1’

Power 1‘W
Weight (est) 1 1b

The third sensor type is the high precision sensor used for
an attitude reference by an astronomical satellite. These are
relatively complex and heavy, but are highly accurate. The
Honeywell Fine Sun sensor is of this type and uses a pair of
critical angle prisms in a radiation balance circuit to track
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the edge of the solar disk, Operation of this sensor is extreme-
ly sensitive to apparent solar diameter and is not suitable for
use over variable ranges. Specifications include:

A0SO Fine Sun Sensor (nonimaging)

Accuracy

Basic 1.7"

Stability 0.1" (short term)
FOV 80' to 2.5°
Scan +20' each axis

Star sensors may be characterized as one of two basic types
-- boresighted or gimbaled. The boresighted units can be used
to provide an attitude reference as in the Surveyor or Mariner
Canopus sensors. The gimbaled sensors are more generally used
with navigation computers. The gimbaled units are much more
complex and heavier than the boresighted sensors, but can be
used over a wide angular range. Of the three sensors, star
trackers have the best inherent accuracy due to the effective
"point source" nature of a star. Accuracy is quite typically
in the order of 5 to 15 sec (lc) for precision types. Typical
specifications for star sensors are:

Canopus MM '69

Tracking accuracy

Short term 0.002°
Long term 0.05°
Weight 8.0 1b
Power 5.5 W + 6.5 W
shutter
Size 11.5x5x4.3 +

12.25%x7.,2x5.3 1in,
The projected accuracy for the Polaris tracker is 30 sec.

Planet sensors are at the earliest stage of development.
Electro Optical Systems has built a planet sensor for JPL that
operates in the visible light spectrum and uses data processing
to determine line of sight. This sensor has the following char-
acteristics:
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FOV 10° x 10°

Alignment +2 sec/4 days or *4 sec/9 days
Planet diam (apparent) 0.035 to 1°

Gibbons Phase Angle 0 to 30°

Size 11x10x7 in,

Weight 14.5 1b

Accuracy 150 sec

The least developed aspect of the planet sensor is the capa-
bility to measure range to the planet. Over the range involved,
power required for direct radar ranging is prohibitive, calling
for several kilowatts of peak power for a pulse-type system of
20 to 50 W for a high duty cycle (ICW) system, It would also re-
quire very large antennas to achieve sufficient gain due to low
frequencies needed to overcome the space loss. In addition, there
may be considerable Doppler shift from closing velocity that could
require wider bandwidths than desired to enhance the signal-to-
noise ratio at the receiver.

The implementation of a disk angle measurement capability in
the planet sensor may be a possible method of determining range,
Present implementation of the planet tracker described above gives
planet angle to 2% (about 96 arc-sec at 300 000 km) of apparent
disk.

For this application, although an extensive trade study was
not done, it appears that use of a boresighted planet tracker, a
boresighted Canopus tracker, and a wide angle (Adcole type) sun
sensor may be feasible., The planet disc measurement may be dif-
ficult to improve, but as shown previously, is not necessary for
entry flight angle corrections,

Conclusion. - The following guidance approach is recommended.
The sun-Canopus and planet tracker should be mounted on the or-
biter. In a direct apprecach mode, measurements could begin as
far out as 600 000 km for the purpose of partially removing sensor
bias, However, the most useful data occurs within 300 000 km as
the error sensitivity becomes smaller. These measurements would
be processed in conjunction with DSN tracking on Earth to define
the actual approach trajectory to within the accuracy described
above. Allowing 3 hr for communication link and ground data
processing, 20 hr of useful data can be obtained from 300 000 km
to 50 000 km. The capsule deflection impulse could be applied at
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50 000 km with the required velocity based on the improved tra-
jectory estimate. Use of a longer link time than 3 hr causes the
measurements to be required at greater ranges, resulting in less
accuracy.

An alternative mechanization to place the sensors on the cap-
sule has several disadvantages:

1) A duplication of the sun-Canopus sensor function al-
ready on the orbiter is required;

2) The capsule would have to be separated from the or-
biter at about 300 000 km to allow adequate error
convergence time;

3) If the capsule were separated closer in, say 50 000
km, only about 4 hr remains to entry, so onboard data
processing is required;

4) The sensor data may not be available for the orbiter
in applying the orbit insertion maneuver,

In conclusion, it appears that significant improvement is
possible in the capsule entry angle over what can presently be
achieved with DSN tracking alone. The sensor accuracy required
is 1 to 2 arc-min on the sun, Canopus, and planet tracker, The
disc angle measurement is not required. Bias up to 2 arc-min in
the measurements can be tolerated by proper mechanization of the
recursive data processing. Sun and star trackers of this quality
are currently available. The planet tracker originally consid-
ered for Mariner '69 is in the accuracy range required and should
be considered as a potential spacecraft sensor for direct mode
missions.

Vernier Phase Parametric Data

Parametric data have been generated for the vernier phase
ignition altitude and propellant consumption as a function of
thrust-to-weight ratio, horizontal velocity, and vertical veloc-
ity. A summary of these data has been used in the capsule ef-
ficiency trade studies.




The data are plotted in figures D83 thru D87. The data were
developed through a three-degree-of-freedom simulation of the
following descent contour:

1) 1Ignite engines at 20% throttle and descend for 3 sec;

2) Descend at 90% throttle until a velocity of 10 fps is
reached;

3) Descend at 10 fps for 5 sec:
4) Cut off and fall 10 ft;

5) Gravity turn steering is used throughout the descent,

The altitude plotted is the altitude at which the parachute
is released. An attitude maneuver of 3 sec is allowed to place
the thrust vector along the velocity vector. The vehicle is as-
sumed to have constant thrust but the thrust/weight ratio can be
interpreted as average for a blowdown thrust system,

norm is a normalized propellant factor. To obtain weight of

propellant in earth pounds use

(F ) (We)
W - norm
prop I
sp

where

Wt = verniered weight, earth 1b

I
sp

propellant specific impulse,

These numbers do not include impulse for random steering effects
but that requirement is under 5%.

Vernier Phase Control System Analysis

The vernier phase guidance and control system has been analyzed
through the use of analog and digital simulations with supporting
linear stability analysis. Most of the applicable analysis is pre-
sented in reference D11. This section is a summary of the results
of these and subsequent studies,
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The descent contour used for velocity control is a prepro-
gramed function of range as described previously in this appendix,
The acceleration command is generated by comparing measured total
velocity, V, from the radar, with the desired velocity, V

That is: d
v, = f (R
L= E®
v =V -V
e d
A =K V
c v e
where
R = range
f (R) = descent contour
V = velocity error
e
AC = acceleration command
K = in.
v gain

Gravity turn steering is used throughout the vernier phase
according to the steering laws:

= K =

qc G u

v

r =K =

c [* u

where
q = pitch rate command
c
r. = yaw rate command

u, v, w = radar body axis velocity components along roll,
pitch, yaw, respectively

K , XK = control gains.
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Figure D88 is a block diagram showing the control system loops.
The radar measurements of range and velocity are inherently noisy
and as shown, the data must be filtered, In the attitude (pitch
or yaw) channels, this filtering causes poor stability unless
compensation techniques are used. The q/s feed-paths shown near
the radar filter provide this compensation (ref. D11). Propor-
tional plus integral feedback is used to reduce steady-state
steering biases. In the velocity control channel, the stability
problem is not as difficult so special compensation is not re-
quired. The throttle limiter is used to prevent the velocity
control channel from saturating the engine thrust and preventing
attitude control. For a 5:1 throttle ratio this limiter is set
at 90% maximum and 30% minimum limits.

The signals from the pitch, yaw, and velocity channels must

be mixed to provide the throttle command for each engine. For a
three-engine configuration this mixing matrix is:
_ 1 _ - -
X 1 -2 0 X
cl v

x, =1t 1 B X
X3 1 1 b X

where

X ., X, X _ are the engine throttle command for each
cl c2 c3 .
engine

X is the velocity channel throttle command
X is the pitch channel throttle command
X 1is the yaw channel throttle command.

y

This mixing matrix results in decoupled channels.
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The valve-engine dynamic response is important to overall ve-
hicle stability. The requirements [or valve-engine response are
derived primarily from the attitude channel stability requirements
(ref. DI1). Tor the engine combustion and propellant feed delay,
a response of about 8 msecc (0 to 637%) is expected according to
analysis and test data correlation, With no degradation in sta-
bility, 15 msec can be tolerated, The valve dynamics are second-
order for an electromechanical valve. Valve response of over 25
rad/scc with better than 0.5 damping ratio is required to produce
good attitude channel stability., Figure D89 shows a root locus
plot of the attitude channel with nominal system gains and dynam-
ics., Figure D90 shows the velocity channel root locus.

The el fect of radar noisc on the control system transient be-
havior must be controlled by the ilters shown in figure D88,
Noise simulation has shown (rel . DIT) that ilters in the atti-
tude loop with time constants ol 0,5 scc or greater are required,
The velocity loop filters should be 0,1 sec or greater. The root
lToci shown in the figures are based on these filter time constants.,
During the inal constant velocity phase of the descent contour,
the radar noise produces transicent behavior as shown in table D12,

TABLE D12 .- RADAR NOTSE EFIFECT
ON VEHICLE RIESPONSE
Vehicle variable 3 peak values
Attitude (q/s) 0.7 deg
Attitude rate (q) 0.7 deg/sec
Lateral velocity (W) 0.3 fps

Work is still continuine on the radar noisc eftects and con-
trol syvstem noise sensitivity, This area of design analysis
should receive considerable attention carly in the program since
it alfceets both radar and propulsion system design.
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5. DATA HANDLING AND STORAGE

A description of functions and defining characteristics for
the science subsystem is given in Part II of this report. One
of the most significant features of this conceptual design is the
inclusion of a tape recorder for bulk storage of science data.
The tradeoff involved is that of added cost for development of a
sterilizable unit versus risking the loss of imaging data due to
a landing when the real-time relay link would occur during dark-
ness., This would be a serious loss because obtaining imagery of
the Martian surface surrounding a lander carries the highest
priority of all mission objectives,.

This section of Appendix D gives essential details of the
analysis leading to the conclusion that a tape recorder is ve-
quired for the mission. The present tape recorder technology was
reviewed and results of this review are included. This section
is organized in three main topics: (1) a description of the pro-
visions and procedures for data return from a two-day mission,
considering both a synchronous and a 10-hr orbit; (2) a summary
of constraints on the mission if the capability for storing imag-
ing data is not included; and (3) a summary of the present tech-
nological status for developing a sterilizable tape recorder.

Data Return from Entry and Surface Science

Entry science. - Table D13 presents the entry science measure-
ments and data they generate. Data collected during the entry
phase of the mission are transmitted over the VHF relay link in
both real time and delayed transmission., To prevent possible
loss of data because of communications blackout at entry, data
collected is delayed approximately 30 sec and interlaced with
real-time data for transmission over the relay link.

Entry Science is categorized into two groups -- the high-
altitude ballistic phase and the low-altitude terminal descent
and landing phase., The type of instruments and their capabili-
ties for entry science measurements are given in Part II, Table
D13 gives data sampling rates for these instruments. Only the
basic entry science instrument data have been tabulated; other
engineering data will also be collected and transmitted to the
spacecraft, Figure D91 is a block diagram of the entry science
data handling and transmission system.
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Figure D91,- Entry Science Data Handling and Transmission

Surface science-synchrorous spacecraft orbit. - The require-
ments for surface science are defined in the Mars Mission Objec-
tives. The surface instruments and their characteristics are
given in Part II, Table D14 defines the data transmission rates,
Relay link communication must be used to meet the goal of imagery
data transmission., As noted from table Dl4 and figure D92, the
first relay link communication opportunity is the first 6-minute
period after landing, with a total of 1 x 10° bits transmitted. In
the synchronous spacecraft mode subsequent relay data transmission
opportunities occur every 24.6-hr period. Table D14 shows that
in excess of 107 bits of imaging data are transmitted in the two-
day mission.,

TABLE D14, - RELAY LINK COMMUNICATION, SYNCHRONOUS ORBIT

SPACECRAFT
Data
Dat Data
DaFa . transmission aa . Type of
transmission . transmission bits
. duration . data
period .. rate, bps transmitted
minimum
Entry = 400 sec 1500 0.6 x 10° Entry science
Lander touch-
down 6 min 3000 1.08 Imagery and mete-
orology
Touchdown
+ 24,6 hr 12 min 10 000 7.2 Image, meteor-
ology, and alpha
scatter
Touchdown
+ 49,2 hr 12 min 10 000 7.2 Imagery and meteo-
rology
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TABLE D15.- LANDED SCIENCE DATA COLLECTION, PHASE 1

Landed science Landing, touch-

instrument down 0 to 6 min First 24-hr period Second 24-hr period

Facsimile camera

Low resolution (0.1°) One 25° azimuth by | Three 25° azimuth by 70° Two 25° azimuth by 70°

images 70° elevation elevation scenes. elevation scenes,
scene. Total bits: 3.15 x 10° Total bits: 2,1 x LOP
Total bits: 1.05°
x 10°
High resolution (0,01°)| None Two 5° azimuth by 5° Three 5° azimuth by 5°
images elevation scenes. elevation scenes.
Total bits: 3.0 x 10° Total bits: 4,5 x 10

Meteorology package

Pressure transducer 100 samples, 8 bit |1 sample/hr; about 2000 1 sample/hr; about 2000
binary code. bits/day. bits/day.
Total bits: 800
Temperature transducer | 100 samples, 8 bit |1 sample/hr; about 2000 1 sample/hr; about 2000
binary code, bits/day. bits/day.
Total bits: 800
Hygrometer 100 samples, 8 bit |1 sample/hr; about 2000 1 sample/hr; about 2000
binary code, bits/day. bits/day.
Total bits: 800
Sonic anemometer 100 samples, 8 bit |l sample/hr; about 2000 1 sample/hr; about 2000
Wind velocity binary code, bits/day. bits/day.
Total bits: 800
Wind direction 100 samples, 8 bit |l sample/hr; about 2000 1 sample/hr; about 2000
binary code. bits/day. bits/day.

Total bits: 800

Alpha scatter spec-
trometer

Alpha and proton mode Instrument deployed|Composition data collected |None
to surface to start|continuously over a 12-hr

data collection, period. Total raw data

No data are trans- {collected are approximately
mitted at this 10° bits; compressed data
time, transmitted are less than

100 000 bits,

Engineering data from
science subsystem 10 000 bits 20 000 bits 20 000 bits

Summary of total bits [ 1.064 x 10° bits 6.28 x 10° bits 6.63 x 10° bits
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Table D15 presents a breakdown of one possible way in which
the surface science instruments may be programed for data collec-
tion and relay transmission as a function of the different data
transmission opportunities. The quantity of data collected, as
represented in table D15, is constrained by the bandwidth of the
relay link for each transmission opportunity (see table D14),

Figure D92 is a presentation of the spacecraft in synchronous
orbit around Mars. The planned surface lander touchdown point
is 30° from the evening terminator. 1In this mode, the spacecraft
passes within relay link communication range of the lander at the
same time each day. All imaging data taken and transmitted in
real time, therefore, will be obtained with the same sun angle.
To provide time separation of viewing during the daylight period,
a tape recorder is necessary. Additionally, the tape recorder
would act as a backup if the landing on the surface is in an

unfavorable imaging location, such as beyond the evening terminator.

Surface science, alternative (nonsynchronous) spacecraft, -
Table D16 presents the relay link communications opportunities for
landed science in the case of the alternative 1000 km x 15 000 km
spacecraft orbit, This is a nonsynchronous orbit; the spacecraft
period is 10.2 hr. Because of this, the lander position on the
planet with respect to the spacecraft periapsis is different for
each orbit, This is shown in figure D93. As noted in figure D93,
spacecraft orbits when relay communication is possible (with the
defined lander data rate and VHF transmitter power of 10 kbs and
30 W) are orbit 3 at approximately 31 hr and orbit 5 at approxi-
mately 51.5 hr., The location of the lander for orbits 3 and 5
when communication opportunities occur is unfavorable for real-
time imaging and data transmission. A recorder is therefore
necessary to permit imaging during daylight hours. This permits
transmission of the data during the dark hours when the relay link
to the spacecraft is available,
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Mission Constraint Without a Tape Recorder

The preceding discussion shows the need for a capability for
bulk storage of imaging data for a Mars lander mission. This is
especially true if the orbiting spacecraft on which relay com-
munication depends is in a nonsynchronous orbit,

Without a tape recorder, the following constraints exist for
the mission,

Synchronous orbit spacecraft case:

1) Imaging is limited to the same time each day -- the
time when the relay link window occurs;

2) No imaging data will be obtainable if the actual land-
ing site occurs very near or beyond the evening
terminator,

The tape recorder provides an insurance factor for obtaining
images, plus flexibility for obtaining images under different
lighting conditions,.

Nonsynchronous orbit spacecraft case:

1) Very low probability of obtaining image data (fig.
D93);

2) Opportunities for obtaining images are far apart in
time.

As noted in figure D93, the earliest opportunity to transmit
image data to the spacecraft (after the initial touchdown period)
is on the fifth spacecraft orbit after the initial touchdown period.
Contact may be made with the spacecraft on the third spacecraft
orbit; however, this is during the dark portion of the diurnal
cycle when no imaging data can be taken. During the fifth space-
craft orbit the lander is very near the evening terminator and not
in a good location for imaging.

Technology for Sterilizable Tape Recorders
The present technology for sterilizable tape recorders was

surveyed, This section contains a review of some of the past pro-
grams or studies conducted on sterilizable tape recorders,
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Table D17 presents some of the fundamental operation parameters
for a tape recorder required for the science subsystem,

TABLE D17, TAPE RECORDER OPERATING PARAMETERS

Parameter Surface laboratory recorder

Storage capacity . . . . . . 107 bits
Record rate . . . . . . . . 210 000 to 20 000 bps
Playback rate . . . . . . . 10 000 bps

Other requirements . . . . . Sterilizable (135°C)

%A fixed record rate within this range will be
selected.

Historical review, - In 1963 a contract was awarded to Raymond
Engineering Laboratory of Middletown, Connecticut by JPL (ref,
D12) to define major problems associated with the complete sterili-
zation (both dry heat and ethylene oxide) of a spacecraft magnetic
tape recorder. The endless loop Mariner IV-type magnetic recorder
was chosen as the basis for the work becausc it more closely ap-
proached actual flight hardware than any other unit under develop-
ment at the time,

The initial phase of this effort was concerned with obtaining
sterilizable components for the recorder. The individual components
considered were magnetic tape, pressurc and drive belts, reccord/
playback motors, bearings and lubricants, record/reproduce heads,
transport plate, preamplifier electronics modules, end-of-tape
sensors, and covers and seals,

Each component developed for and uscd in the program survived
the required sterilization (three 36-hr periods at 145°C) environ-
ment before transport assembly, However, the assembled transport,
when exposed to the same treatment, was affected significantly by
the creation and collection of deposits and debris resulting from
numerous chemical interactions, Several transport bearings failed
after only a few days of poststerilization operation,

After the failure with the Mariner IV endless loop magnetic
tape transport, an investigation (ref., D13) was conducted to
determine the effects of thermal sterilization on the 32 different
materials used in the construction of this transport, Thermally
induced changes in individual materials were considered as well
as the mutual compatibility of the materials in the thermal en-
vironment,
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Based on the criteria established, 25% of the products tested
were rated compatible, and were recommended as satisfactory for
use in a thermally sterilized tape recorder. Another 25% were
found to be not compatible, and suitable sterilizable substitutes
should be used., About 50% of the materials were considered margi -
nal, Those rated marginal on the basis of percent weight loss
can, in many instances, be rid of harmful outgassing materials by
thermal -~vacuum pretreatments, and thereby be rendered acceptable,

From the estimated quantities of each of the polymeric mate-
rials used in the tape recorder, and the total percent weight
losses, it was determined that 3.5 to 4.0 g of volatile material
was floating in the airtight transport housing after thermal
sterilization. The volatile material was composed of water vapor
and carbon dioxide, phenols, hydrocarbons, organic acids, esters,
amines, and silicones, It was apparent that these chemicals acted
deleteriously on both metallic and nonmetallic compoments of the
tape transport, particularly in the sealed atmosphere during the
elevated temperature cycle. This emphasized the importance of
selecting fabrication materials with insignificant weight loss at
sterilization temperatures. The necessity for careful and proper
handling and cleaning techniques in the preparation of materials
was also a conclusion,

As a result of this in-house work at JPL, a request for pro-
posal (ref, D14) was submitted to industry for development of a
sterilizable magnetic tape recorder, The RFP included a detailed
performance specification (ref. D15) for a sterilizable magnetic
tape recorder. This program was never funded,

Voyager Phase B tape recorder study. - During the Voyager
Phase B program, a study of sterilizable tape recorders was per-
formed. The information in the following paragraphs was taken
from the report of this study (ref., D16),

The potential problem of sterilization reduces to one of ob-
taining a type of recording tape which does not "block" during
prolonged exposure to the sterilization temperature of 135°C,
"Blocking" is defined as that phenomenon which causes a roll of
recording tape to fuse into a solid block, or '"hockey puck," as
a result of prolonged exposure to high temperature (ref. D17).

A survey of manufacturer's specifications for all other tape
recorder components (e.g., motors, encoders, bearings, lubricants,
magnetic heads, etc,) has shown that all can easily withstand pro-
longed exposure to the 135°C sterilization temperature., In fact,
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many of these components can be operated safely at this tempera-
ture. Care must be taken during the design phase to assure that
no deleterious chemical reactions will occur in the sealed atmos-
phere within the recorder case,

The only known high-temperature tape currently available is
a metallized H-film (DuPont-Kapton) manufactured by Lash Laborato-
ries and known as Pyrotrack, Sales literature available from the
manufacturer refers to high packing densities and low head-wear;
however, practically no test data are available to support these
claims, Without operating cxperience a firm commitment to this
tape is dangerous, however further investigation is warranted,

Under a NASA/GSFC support program (Mr, P, T, Cole), the Memorex
Corporation (Dr, Pcter Wyman), is now developing a high-reliability,
long-life recording tape for acrospace applications, The current
effort is essentially an iron-oxide coating, in a thermo-setting
binder, on DuPont Kapton H-film, If this program is successful,
the resulting tape will meet the Voyager sterilization require-
ments,

The only problem with sterilizable tape recorders is that of
the tape at prolonged sterilization temperatures. Further effort
should be devoted to obtaining and flight-qualifying such tape.
Other problems, such as multispeed requirements, can be resolved
during the design of the recorder, Further effort on the tape
problem should include a test program on Lash Laboratories'
Pyrotrack and on the tape currently being developed by the Memorex
Corporation,

Industry contacts., - To support our present study and deter-
mince the latest tape recorder status throughout the industry, a
number of industry contacts have been made by Martin Marietta
Corporation, Status of various programs were received from the
following companics,

Memorex Corporation, Santa Clara, California: Mr., E, Smith
and Dr, Pcter Wyman report that work has been completed for
NASA/GSFC on high-temperature magnetic tape,

Recves Soundceraft Corp,, Danbury, Connecticut: Mr, William A,
Morrison reports that no work is in progress at the present time,
Reeves has a binder compatible with H-film tape and a patent
has been issucd on this concept.,
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Lash Laboratories, San Diego, California: Mr, I. J. Hutkin
was contacted and reports that Lash has developed Pyrotrak tape,
which is a metal-coated Kapton-base tape capable of operation up
to 500°F. No new effort with a tape recorder manufacturer is in
progress at the present time,

Raymond Engineering Laboratory (REL), Middletown, Connecticut:
Messrs. Charles Halpin and Tom Sikora were the REL contacts. REL
has provided satellite and space recorders for a number of pro-
grams including 0SO, Apollo, and Mariner '64 and '67. REL also
performed the sterilization tests on a modified Mariner IV tape
recorder reported in reference D12, No new work toward steriliza-
tion is in progress at this time,

Lockheced Electronics Co., Metuchen, New Jersey: Mr, William
Kyle reports that Lockheed Electronics provided the tape recorder
for the Mariner '69 spacecraft. The recorder is a part of the
data storage subsystem that is actually built by Texas Instruments,
There is no sterilization requirement for this recorder,

Leach Corporation, Azuza, California: Messrs. E, D, Murray
and J, F, Muench indicated that the Controls Division of Leach
Corporation has provided over 260 tape recorders for satellites
on NASA and USAF space programs, Leach gained experience in
building recorders for unusual and harsh environments during the
SNAPSHOT Program of the USAF/AEC. In this program Leach provided
the Agena satellite tape recorder hardened for gamma and neutron
radiation from the SNAP 10A nuclear reactor,

Leach responded to the JPL request for proposal (ref. D14) on
a sterilizable unit, Their response (ref, D18), was prepared by
Mr, Joel Slutsky, a recognized expert in the field and now manager
of the Mechanical Design Department at Leach., The technical con-
tent of this document makes a significant contribution to the
technology of sterilizable tape recorders., In summary, the pro-
posal emphasized the problems concerning: chemical interaction
resulting from outgassing, belt driven tension, bearings and
lubricants, magnetic tape, capstan drive and assembly, the tape
reel mechanism, and record and playback heads.

Conclusions, - The vendor survey results show that the state-
of-the-art in sterilizable tape recorders has not changed in the
past two years, Several programs and studies have been performed
to identify the main technical problems and potential solutions
to them. However, no concerted effort in terms of a funded pro-
gram has been made to produce a sterilizable recorder,

-
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Based on the information obtained from contacts with Lash
Laboratories, Memorex Corporation, and Leach Corporation, it is
the conclusion of Martin Marietta that a sterilizable tape re-
corder can be developed and procured for the '73 Mars mission.
Furthermore, the total cost leading up to and including flight
articles should be approximately $1 million.

The most important reason for this conclusion is that a re-
quired operating lifetime for the '73 lander recorder is only
approximately 500 hr. This compares with operating lifetime up
to 10 000 hr, which is more representative for space tape re-
corders. The short operating time will work to advantage in
many ways in developing a sterilizable unit. For example, the
problem of excessive head wear from a metal -coated tape would not
be expected if only 500 hr of operation were required.
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6. ENTRY SCIENCE ERROR ANALYSIS

To determine what instrumentation complement is necessary for
a planetary lander to estimate the atmosphere requires a careful
error analysis. This analysis should use reasonable estimates for
instrumentation accuracy and should reflect the capabilities of
the postflight data analysis techniques.

Several facts can be obtained from this analysis. These in-
clude the value of the measurement in estimating the atmosphere,
the time during the flight when the measurement should be taken,
and its relation to other measurements taken.

The atmosphere estimation task is dependent on the trajectory
reconstruction task. Many of the measurements used to estimate
the entry trajectory will also be used in the atmosphere estima-
tion process (for example, onboard accelerometers and AMR); the
trajectory reconstruction will be used to determine the altitude
at which a measurement was taken, given the time it was taken.

In fact, the results of the two analyses should be consistent.
The Kalman-Bucy minimum variance filter is a technique applicable
to simultaneously reconstructing the trajectory and estimating
the atmosphere. This estimation scheme amounts to fitting solu-
tions of the equation of motion to the data by linearizing the
system equations and then applying the minimum variance linear
filter theory.

The reentry model can be fitted into the general problem for-
mat wherein the dynamic system can be described by the following
system of first order nonlinear differential equations: ‘

X =f (X,t) (D5)
The vector X 1s an n-vector of state, and f 1is an n-vector
of nonlinear functions. The variables being measured are re-
lated to the state via algebraic equations:
- : D
Y (ti) g (X (ti), t:) (D6)

where Y 1is a p-vector of measurement variables. The calcu-
lated measurement Y, however, differs from the actual measure-
ment Y , as follows:

m

Yo (85) =Y (5p) T O(f) T e (X (t) ) T (%) (°7)
where the vector (¢ (ti) is assumed to be normally distributed

white noise with zero mean with covariance matrix W.
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The state vector X includes all variables to be estimated
and, as a result of equation (D5), these variables must be solu-
tions of differential equations. Six components of X will be
the vehicle's position and velocity, and the differential equa-
tions which govern these variables are the kinematic and dynamic
equations of motion. Other model parameters can be included in
X so long as their governing differential equations can be de-
fined. For example, parameters that are constant throughout the
trajectory are governed by the differential equations that state
that their time derivations are zero.

We can now state the problem as follows: given measurements

Ym t;) s i=1, ..., m, determine the solution X(t) to equation

(D5) that causes the calculated variables in equation (D6) to
agree with the actual measurement Ym of equation (D7) in some
statistical sense.

Before proceeding to the minimum variance estimate, we first
must linearize equations (DS) and (D6). Applying a Taylor series
expansion and truncating all terms higher than first order, we

obtain
x () =F (v) x (v) (D8)
CECORENCIRNCORENED ®)
where
x (£) =X () - X_ . () y (£) =Y (£) - Y . (£) (D10)
and
F (t) = (of/X) . G (t) = (3g/3K)__. (D11)

Note that the subscript 'ref' refers to the reference trajectory
about which the equations have been linearized. Equation (D8)
has a solution

X (t) = .
() (c, TO) X (to) (D12)
where . 1is the state transition matrix and has the property that
(t,t) =1 for all values of t. Also, - satisfies the follow-

ing matrix differential equation:
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Discretizing equations (D9) and (D12) to times tn and t

. ntl
yields

(D13)
X (tar) T (Yaere Ba) X (tR)
Yo (Fat1) =€ (Gat1) * (Fatr) T 9 (Snt1) (D14)

The winimum variance unbiased estimated X (tn+1 /tn+l) is

B (Cat1/5t1) = (Catle G0) * (%)

+ K (tn+l) [Ym(tn+l) - Y(tn+l//tn)] (D15)

where the optimal linear gain K (tn+1) is

- b T - T -1
K (th41) = B (Eqe1) © [G P (ta4) G +W (tn+l)] (D16)
The quantity Y (tn+l//tn) is the best estimate of the measure-

ment corresponding to & (ta+1 /ty) Via equation (D6). The co-

variance matrix of the state estimate 1is

+ - -
P = - K D
(“at1) = F (Y1) (%a#1) © (ae1) B (Ban1) (D17)
The superscripts (+) and (-) indicate the value of P at time
tn+l just before and just after the measurement at tn+l is

processed. Between observations, the state and the covariance
matrix are propagated by the following equations:

£ (tn+l//tn) = (tn+l’ tn) £ (tn//tn)

- ‘ + T
P (tn+l) = (tn+1’ tn) P (tn) ¢ (tn+l’ tn)
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Application to the Entry Error Analysis Problem

This error analysis technique requires a reference trajectory.
All matrices and derivatives are evaluated along this reference
trajectory. Estimates must be made for the initial covariance
matrix P and the error for each measurement, which is assumed
to be available. The covariance matrix of the state vector is
updated at each measurement time using equations (D16) and (D17).

The dynamic equations of motion that balance instantaneous
forces and accelerations on a vehicle represented by a particle
mass are:

o1 1 2 2 2 .
U=yt T P wT) - T Bapg
v = l—F + L-(v w tan @ -u v) Q Av

m ev r ! ROT
w o= l—F 2L (v& tan @ + uw) + Aw

m Pv r ROT

The kinematic equations for altitude, latitude, and longitude are:

h=u
O = w/r

v/r cos @

M
]

The external forces can be written

Frv -CDW
F _
] |

were A is a 3 x 3 matrix relating the stability axes with the
axis system, which is a function of WA, Yoo 9 8.
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The rotation terms are (using abbreviations s = sine and ¢ =
cosine):

A =18 2o+ 20 v cO

Ay =20 (w sP -~ u cP)

Dw

-2 89 [r c® - 2 v]

The model atmospheres used in this analysis are of the VM
type. These are defined by as adaibatic lapse rate up to the
tropopause and a constant temperature above the tropopause. Five
parameters are used to define such a model atmosphere. These five

quantities are the surface pressure Ps’ surface temperature T ,

tropopause temperature, Tu, tropopause altitude, hT’ and
molecular weight, Mo. These five quantities determine the atmos-

phere by means of the of the barometric equation and perfect gas
law. Below the tropopause the temperature is given by

T -T
T(h) =T +( 4 s)h

B

The local pressure is given by
GMOhT
R* -
(Tuts)

(r255)
P =P \Tmy

where G = 3.75 m/sec® and R¥* = 8.316963 x 107 erg/gram-mole deg.
Above the tropopause, the temperature is constant. The local
pressure is given by

GM

R* (T -T
T () GM_ (h-h,
P(h) =P, T_) €XP 1 rx A\ T
u u

\
The atmosphere density is obtained from the perfect gas law.

=
a-]

b= -2 P(h)
* T(h)®

oo
3
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A computer program for the CDC 6400 has been written which
solves these equations.

The state vector of quantities considered uncertain consists
of the six trajectory defining quantites, u, v, w, h, @, 6
and three angles, 0, B, 7, which define the orientation of
the vehicle with respect to the velocity oriented axis system.
This state vector may be augmented to include the five defining
parameters for the atmosphere, a bias on each of the accelerom-
eters, correction terms in the aerodynamic model, and correction
terms in the error models of the various sensor. The quantities
measured are algebraic functions of the state vector and thus are
not included as components in the state vector. If a computer er
program using the minimum variance technique were developed to
perform a trajectory reconstruction and atmosphere estimation,
the quantitics in the state vector would all be estimated. The
measured angular rates are deterministically integrated to de-
termine the vehicle orientation.

Quantities Measured
The measurements that were assumed to be available were:

1) Altitude from altitude measuring radar;
2) Accelerations from triad of accelerometers;
3) Stagnation pressurc from pressure sensor;

4) Direct density measurement from high-altitude mass
spectrometer;

5) Temperature measurement from high-altitude mass
spectrometer;

6) Ambient pressure [rom low-speed pressure sensor.

The various measurements are functions of the components of
the state vector.

Altitude

Stagnation Pressure

1 . < )
o) = - ’l‘ ']: 1 M . i iy + —
Iml 2 P (h’ Ps’ s’ Tul e o) (W= +v W)
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Accelerations
(A ] [ca 0  sa][-c.]
X D
A =L o 1 0 C
y m Y
LAZ -sQ 0 c -CL

Density (from mass spectrometer)

pm - o(h, Ps’ Ts’ Tu’ hT’ Mo)

Temperature (from mass spectrometer)

T =T
ml u

Pressure

y/r-1
'\_l

= + =L w2

Pm2 P(h, PS, Ts’ Tu’ hT’ MO) (l > M )
Temperature
-1

= . + L=y

Tm2 T (h, TS, Tu’ hT) (1 > M )

Initial conditions at 100 km for the entry trajectory were
assumed for both a direct entry from the Earth-Mars transfer orbit
and for an entry from a Martian planetary orbit (see table D18).
Entry into both VM-5 and VM-8 atmospheres was considered. For
the direct entry, a ballistic coefficient of 0.35 slug/ftZ was

used; for the entry from orbit, a ballistic coefficient of 0.45
slug/ft® was used.
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TABLE D18.~ STATE VECTOR COMPONENTS AND STANDARD DEVIATIONS

AT 100 km
Direct entry Entry from orbit
Parametexr Nominal gta?da¥d Nominal Sta?da?d
eviation deviation
Vertical velocity, m/sec -2075. 15. -1298. 22.8
Easterly velocity, m/sec 5166. 4.3 4143, 6.
Northerly velocity, m/sec 0. 1. 0. 1.
Altitude, km 100. 11.2 100. 38.7
Latitude, deg 0. .182 0. .206
Longitude, deg 0. 0. 0. 0.
Roll angle, deg 0. 212 0. .212
Sideship angle, deg 0. .212 0. .212
Angle of attack, deg 0. .212 0. .212
Atmosphere parameter VM-5 VM-8

Surface temperature, °K 275. 137.5 200. 100.
Tropopause temperature, °K[200. 100. 100. 50.
Surface pressure, mb 14. 7. 5. 2.5
Tropopause altitude, km 19.3 9.65 18.6 9.3
Molecular weight, kg/m> .0312 .0156 . 044 .022

The standard deviation for each measurement was assumed to
be a fraction of the expected measurement. lowever, to prevent
the standard deviation on the accelerometer and dynamic pressure
measurement from becoming too small, a constant 0.04 m/sec” and
0.1 mb was root sum squared with the standard deviation obtained
by taking a fraction of the measurement to obtain the standard
deviation processed by the computer program (table D19).

Several different instrumentation payloads were considered.
The density and pressure of the less dense VM-8 atmosphere was
more difficult to estimate at the higher altitudes (above 50 km)
with only accelerometer and a stagnation pressure measurement.
This is because of the low densities, and thus low accelerations
and measured stagnation pressure above 50 km. However, the addi-
tion of a high altitude mass spectrometer clearly improves the
estimate of these quantities at these altitude (fig. D94).




One-sigma density error, %
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e S U SO SO

Altitude, km

(a) Density

Curve Measurements
1 Accelerometers (3%), AMR
2 Accelerometers (3%), AMR, and stagnation-pres-

sure (entry from orbit)

3 Accelerometers (3%), AMR, and stagnation-pres-
sure (direct entry)

4 Accelerometers (3), AMR, and high-altitude

temperature and density

Figure D-94.- Entry into VM-8 Atmosphere, 3% Accelerometers
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One-sigma pressure error, 7%
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Curve Measurements
1 Accelerometers (0.1%), AMR
2 Accelerometers (0.1%), AMR and stagnation-
pressure
3 Accelerometers (0.1%), AMR and high-altitude |
temperature and density
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Figure 94.- Continued
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One-sigma temperature error, °K

50

40

30

20

10

APPENDIX D

-4

4 1 4 | L 1 I |
i o T L T T 1 T
+
-+
T
+
4+
T T T I T T 8 T
1 i I 1 T Ll i 1
20 Lo 60 80 100

Altitude, km

(£) Temperature

Figure 94.- Concluded




APPENDIX D

TABLE D19.- MEASUREMENT RATES AND ACCURACY

X Number of
Altitude
Rate, . measure -
Measurement Accuracy available,
sec ments
km
processed
For VM-5 entry
Accelerometer |3% of measurement
triad (see text) 1 sec {0 to 100 181
Stagnation 2% of measurement
pressure (see text)
measurement 1 sec |31 to 100 47
For VM-8 entry
Accelerometer |3% or 0.1% of meas-|
triad urement (see text) | 1 sec 81
Stagnation 2% of measurement |1 sec |8 to 60 38
pressure (see text)
High-altitude | 10% of measurement | 1 sec |70 to 100 21
density
High-altitude | 10% of measurement | N/A 100 only 1
temperature
Low-altitude 10°K 1 sec |0 to 5 35
temperature
Low-altitude 5% of measurement 1 sec |0 to 5 35
pressure

Most of the work done in the analysis assumed an entry di-
rectly from an Earth-Mars orbit.

To determine the effect of entry conditions on atmosphere de-
termination, the entry conditions for an entry from orbit were
used with onboard instrumentation of accelerometers, AMR, and
stagnation pressure sensor. The errors in the atmosphere with
this mode of entry were not significantly different that those
resulting from an entry directly from the Earth-Mars orbit (fig.
D94).
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Different accuracies and data rates were considered for the
more important instruments. A 10-sec data rate for the AMR was
used. This resulted in altitude measurements at approximately
59.5 km, 40.0 km, 23.7 km, 11.5 km, and 6.7 km. The resulting
accuracy estimate is shown in figure D95. The errors in the at-
mosphere estimate for the 10-sec AMR data rate are larger than
for the l-sec AMR data rate because of the poorer ability to cor-
relate the measurements with the altitude at which they were taken.

More accurate accelerometers are also considered. The curves
presented in figure D94(d), (e), and (f) show the error estimates
resulting from the use of 0.1% accelerometers. These curves can
be compared with those in figure D94(a), (b), and (c) to determine
the significance of more accurate accelerometers.

A more accurate high altitude mass spectrometer was also used.
The errors resulting from using a 5% accurate mass spectrometer
(vs. 10%) are shown in figure D95. The high altitude temperature
and density are computed from the neutral number densities meas-
ured by the mass spectrometer. The addition of low altitude --
low velocity (M < 3) measurements of pressure was included to
determime what improvement could be obtained by near-surface
measurements (see fig. D95).

Several entries into a VM-5 atmosphere were simulated. The
obvious characteristic in this case is that both pressure and
density could be determined accurately, even at the altitude above
50 km (see fig. D96). This follows from the higher density, and
thus larger accelerometer and stagnation pressure measurements
that occur above 50 km. Figure D97 presents axial acceleration
versus altitude; the effect of the denser atmosphere is quite
obvious.

Due to the simple atmosphere model, the estimated errors are
probably too small. Also, sources of error such as telemetry
transmission noise have been neglected. In particular, the simple
temperature profile assumed for the VM atmospheres results in an
estimate for the reconstructed temperature that is too low. If
instead of estimating only the surface temperature and tropo-
pausc temperature, it were necessary to determine a large number

of temperature profile parameters, the estimated errors would be
larger.

3

The information to be gained from this analysis is the rela-
tive importance of the various measurements. The relation of the
various accuracy cstimates should remain the same, even if the
estimated errors are larger.
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temperature (5%) and density (5%)
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temperature and density
4 Accelerometers, AMR, and high-altitude
temperature, density, and stagnation-pressure
5 Accelerometers, AMR, and high-altitude

temperature and density; low=-altitude pressure

Figure D95,- Entry into VM-8 Atmosphere
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Figure D96.- Entry into VM-5 Atmosphere
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7. TELECOMMUNICATIONS

Direct Link S-Band Parametric Studies

Parametric weight and performance data for S-band Mars/Earth
communication options must be developed in consort with technical
guidelines derived from mission requirements and constraints.
Because the Mars/Earth communication distance and the position of
Earth in the Martian sky vary in a periodic manner, bounds on
these parameters for all missior opportunities can be obtained
from a consideration of the 1973 opportunity. The initial Earth/
Mars communication geometry depends on the arrival date at the
planet, which is determined for a given launch opportunity by the
type of heliocentric transfer trajectory flown. Typical 1973
mission arrival date bands for both the Type I and Type II trans-
fer trajectories are used to determine communication geometry
parameters and the range of these parameters.

The performance capability of a given direct link communica-
tion configuration depends on the implementation of the ground
receiving station. For this study, the deep space instrumentation
facility (DSIF) network is considered to consist of two possible
configurations. One configuration consists of three DSS, each
with a 210-ft advanced antenna system. This configuration rep-
resents the projected capability of the DSIF network for the
1973 time period. The second configuration consists of one DSS
at Goldstone with a 210-ft advanced antenna system and two over-
seas DSS, each with an 85-ft antenna system. This configuration
represents the current capability of the DSIF network.

Direct link communication gpeometry. - The Mars/Earth communica-
tion distance for the 1974 and 1975 period is shown in figure D98.
For the 1973 mission, Type I,transfer trajectories result in ar-
rival dates at the planet fr%h 2/1/74 to 5/1/74. Arrival dates
for the Type II mission lic between 5/1/74 and 7/1/74, typically.
Thus, from figure D98, the communication distance, for either type
of mission, is increasing and reaches its maximum value of 3.96 x
108 km around 10/1/74. The requirements that the transmission
distance impose on a direct link radio subsystem design are a
function of the mission life requirements.

For a mission duration of a few days, the range capability
of a direct link must be from 1.68 x 102 km as a minimum to 3.60
x 108 km as a maximum to accommodate cither transfer trajectory.
A six month or longer mission duration requirement will necessi-
tate a transmission capability out to the maximum Earth/Mars
separation.
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The position of Earth with respect to the Martian equator is
shown in figure D99, which shows typical arrival date bands for
Type I and Type II trajectories. At the earliest arrival date
possible, Type I trajectory, the Earth is 16.8° below the Martian
equator and ascending northward with time. This initial declina-
tion determines the beamwidth requirements for a body-fixed anten-
na for either command reception of data transmission.

The contact time with Earth depends on the latitude of the
landing site. For this study, the landing site latitudes were
considered to lie between 20° N and 20° S. The available contact
time over this latitude band considering a possible 34° surface
slope and hour angle uncertainties varies between 3.9 hr/day
(+20°) and 6.9 hr/day (-20°) at the earliest arrival date possible.
These contact times will change over the mission life. Initially,
southern latitudes are favored and provide longer view times. As
time increases, contact time in the southern latitudes decrease
with the northern latitudes increasing in viewing capability,

Technical considerations. - Technical considerations are dis-
cussed in the following paragraphs.

DSIF compatibility: All direct link S-band communication
options will operate at a nominal frequency of 2295 MHz in the
deep space telemetry band. Receiver characteristics for the
standard receiver implementation and the proposed planetary
receiver implementation are described in JPL Document EPD-283,
Revision 2, dated Jan. 1, 1967. These characteristics will not
be summarized or detailed here.

Modulation techniques: Two modulation techniques must be con-
sidered for the landed system. Low weight class landers are not
capable of being designed to accommodate directive apertures.
Thus, the effective radiated power (ERP) from such a lander is
only about 48 or 53 dBm for a 20-W transmitter output power level
and a nonarticulated antenna. Table D20 presents a telecommunica-
tion design control tabulation for a radio subsystem with an ERP
of 53 dBm. VFor this subsystem configuration under the constraints
that Earth is at its maximum range and within the 3-dB beamwidth
of the transmitting antenna, the table shows that, even with all
the powvr allocated to the carrier, not enough signal strength
is available at the receiver to lock up the carrier tracking loop.
Noncoherent techniques must therefore be employed for low ERP
configurations. Nonbinary implementations of noncoherent modula-
tion schemes will result in a coding power gain. For this study,
the modulation choice for low ERP concepts will be multiple fre-
quency shift keying MFSK), in which a 5-bit binary word is con-
verted into one of 32 frequencicvs or tones,
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Large weight class landers are capable of being designed with
articulated directive apertures. For these configurations, ERP
levels of 63 dBm or greater are possible, allowing sufficient
signal strength for carrier tracking while allocating power to a
data channel. The modulation choice for these concepts will be
single-channel PSK/PM with sync combined with the data stream.
This implementation provides greater communications efficiency
because no additional power is required for synchronization.

The use of a single-channel technique also provides an advantage
of easier control of the transmitter modulation index.

Low gain antenna: A nonsteerable, low gain antenna with wide
angular coverage requirements must be considered for command re-
ception functions and data transmission. The command reception
function applies to any class of lander system weight, while the
data transmission function is applicable to the low weight class
lander. Beamwidth requirements for this type of antenna are de-
rived from the elevation angle of Earth at the earliest possible
arrival date.

The geometry on the surface of Mars is shown in figure D100.
From this figure, the aspect angle of Earth that is measured
from the vehicle vertical axis is given by

AsAe = Lat * Lat Uncertainty * Surface Slope + Elev Angle of Earth

The latitude uncertainty for a 500-km landing footprint is *8.4°.
The antenna beamwidth requirement for landing latitudes within
+10° of the equator becomes 140° for a Type I trajectory and the
earliest arrival date for that trajectory. The antenna gain for
this coverage requirement is determined from the directivity to
be 5.0 dB. For such a broad antenna pattern and the small wave-
length of operation, reflections from the surrounding terrain may
cause nulls or scallop the pattern. Sufficiently large ground
planes on the landed system will minimize this effect.

High gain antenna: The size of the antenna reflector must be
consistent with the daily data volume requirements for a given
transmitter output power level and compatible with the pointing
requirements. Antenna gain as a function of parabolic antenna
diameter for a nominal frequency of 2295 MHz is shown in figure
D10l. These gains represent readily achievable values and are,
therefore, consistent with conservative design practices. The
1-, 3-, and 5-dB beamwidths as a function of parabolic dish size
are shown in figure D102, which also shows the angles correspond-
ing to landing footprints of *200 and *500 km. The *500-km un-
certainty is typical for the 1973 missions.
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Self-contained orientation of an equatorial system can be
achieved to within #8.4° from work performed in previous studies.
With a requirement for a downlink capability without fine orienta-
tion through ground control, this pointing loss corresponds to the
5-dB beamwidth of a 2.5-ft parabolic dish. Fine orientation
through ground command, after initial data transfer, can reduce
the pointing loss to 1 dB. Thus, for the 1973 missions, antenna
sizes are limited to about 2.5-ft for conservative design ap-
proaches. The uncertainties will be greatly reduced for the later
missions, allowing the antenna size to increase to 6 or 7 ft while
still maintaining a downlink capability with 5 dB of antenna point-
ing loss.

The effective radiated power level is the product of the trans-
mitter output power level and the transmitting antenna gain. The
effective radiated power as a function of antenna diameter with
transmitter output power as a parameter is shown in figure D103.

Parametric parabolic antenna weight data was obtained from
a survey of past space programs and design studies. In this
survey, only the weight of the reflector, feed, and feed truss
were obtained for nonerectible, solid configurations. These data
are shown in figure D104, Curve fitting the data points resulted
in the equation

/
W= 1.25 pl-47

where W is in pounds and D 1is in feet.

Phase lock loop bandwidth: The ground recciver tracking loop
must track phase deviations of the carricer. Other considerations
that also must be made are frequency acquisition range, lockup
time, average in-lock time, and doppler tracking rate. The ri
frequency rate (Hz/sec) capability of the loop depends on the
signal level, frequency uncertainty, allowable phase error, and
noise bandwidth. Acquitision time, for a given frequency/doppler
shift uncertainty, will increase as the loop bandwidth is de-
creased. The average in-lock time is a function of the loop
noise bandwidth and, hence, the received signal level.  Thus,
the system bandwidth is determined by oscillator instabilities,
doppler and doppler rates, and operational requirements.
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The limiting factor in the design of narrowband phase-locked
loops is the phase-noise inherent in the output of the voltage
controlled oscillator (VCO). This noise appears as random fluctua-
tions, drift, etc., and is usually referred to as oscillator in-
stability. One well-known characteristic of loop bandwidth is
that the output noise due to noise in the VCO increases as band-
width decreases; whereas for output noise due to input noise,
the opposite is observed. Thus, on the basis of noise output
due to the VCO, there is an optimum noise bandwidth. Past studies
conducted at JPL arrive at an optimum bandwidth of 13 Hz for an
overdamped loop.

On the basis of the above paragraph and the requirement for
accommodating the doppler and doppler rates to be experienced in
the system, all performance estimates for the PSK/PM communication
option are derived for a 12-Hz ground receiver. This bandwidth
has been shown on the Mariner 1964 program to be capable of
tracking the oscillator instabilities experienced in the system
and maintaining constant carrier phase error over the bit inter-
val. The latter is a requirement to keep system degradations
within reasonable bounds.

Data rate capability. - The direct link performance capability
of noncoherent MFSK and single-channel coherent PSK/PM for var-
ious ERP levels is shown in figures D105 and D106. Figure D105
presents the transmission rate that can be supported over the
link with a 210-ft advanced antenna system at the ground station.
On this figure, data rate is given for a nominal range of 2.6 x
10® km and a maximum range of 3.96 x 10% km. Data rate capabil-
ity for single-channel coded coherent PSK/PM is also presented
for the nominal and maximum range conditions. This rate capa-
bility was derived by assuming a 3-dB power advantage over an
uncoded coherent system. Based on information available to date,
this assumption appears to be a realistic one because coherence
requirements for the carrier tracking loop and system degrada-
tions in practical implementations are unknown at this time.
Figure D106 presents similar data for the 85-ft ground station
antenna. MFSK direct link performance as a function of time
during the 1974 time period is shown for four values of ERP in
figure D107.

The assumptions and system parameters used to derive figures
D105 thru D107 are presented in tables D21 thru D26. These tables
are telecommunication design control tables with nominal param-
eter values and tolerances on the parameters identified.
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TABLE D22.- HIGH GAIN DIRECT LINK, FINE POINTING AT 2.6 x lO8 km

Parameter Value Tolerance, dB Notes
Total transmitter power +43.0 dBm +1.0 -0 20 W
Transmission circuit loss -1.5 dB +.81 -0.8
Transmission antenna gain +20.3 dB +.51 -0.5 2-ft dish
Transmission antenna pointing loss -1.0 dB +1.0 -0
Space loss -268.0 dB ——-= | m---
F = 2295 MHz, R = 260 x 1G® km
Polarization loss -.6 dB ———— -
Receiver antenna gain +61.0 dB +1.0] -1.0 210-ft dish
Receiver antenna pointing loss -.3 dB +.3 -0
Receiver circuit loss -.2 dB +.11-0.1
Net circuit loss -190.3 dB +3.7 -2.4
Total received power -147.3 dBm +4.7 | -2.4
Receiver noise spectral density -182.1 dBm +1.141-0.9
sys 45 * 10°K
Carrier modulation loss -10.0 dB +1.4 | -1.8 jo = 1.25 rad 5%
Receiver carrier power -157.3 dBm +6.1] -4.2
Carrier APC noise BW +10.8 dB +.5 -0
2BLo = 12 Hz
Carrier tracking loop
Carrier threshold SNR in ZBLO 6.0 dB +H.5] -1.0
Threshold carrier power -165.3 dB +2.11]-1.9
Performance margin +8.0 dB +8.21-6.1
Data channel
Modulation loss -.5 dB +.2|-0.2
Received data subcarrier power -147.8 dBm +4.91 -2.6
Bit rate (1/T = 200 bps) +23.0 dB - - Uncoded channel
Required ST/NO for Peb =5 x 107° +6.8 dB +1.0 | -1.0
Threshold subcarrier power -152.3 dBm +2.11(-1.9
Performance margin +4.5 dB +7.0 | -4.5
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TABLE D23,- HIGH GAIN DIRECT LINK, FINE POINTING AT MAXIMUM RANGE
Parameter Value Tolerance, dB Notes
Total transmitter power +43.0 dBm +1.0 -0 20 W
Transmission circuit loss -1.5 dB +.8 1-0.8
Transmission antenna gain +20.3 dB +.5]-0.5 2-ft dish
Transmission antenna pointing loss -1.0 dB +1.0 -0
Space loss -271.6 dB T IR Maximum range
F = 2295 MHz, R = 396 x 10° km
Polarization loss -.6 dB - ----
Receiver antenna gain +61.0 dB +1.0 {-1.0 210-ft dish
Receiver antenna pointing loss -.3 dB +.3 -0
Receiver circuit loss -.2 dB +.1]-0.1
Net circuit loss -193.9 dB +3.7 | -2.4
Total received power -150.9 dBm +4.7 | -2.4
Receiver noise spectral density -182.1 dBm +1.11]-0.9
Tsys = 45 t 10°K
Carrier modulation loss -8.2 dB +1.2 |-1.3 g = 1.17 rad + 5%
Receiver carrier power -159.1 dBm +5.9 | -3.7
Carrier APC noise BW +10.8 dB +.5 -0
2 BLO = 12 Hz
Carrier tracking loop
Carrier threshold SNR in 2BLO +6.0 dB +.51-1.0
Threshold carrier power -165.3 dBm +2.1 {-1.9
Performance margin +6.2 dB +8.0 | -5.6
Data channel
Modulation loss -.7 dB +.2 ]|-0.3
Received data subcarrier power -151.6 dBm +4.9 |1-2.7
Bit rate (1/T = 70 bps) +18.5 dB e | ---- Uncoded channel
Required ST/NO for Pcb =5x 107" +6.8 dB +1.0 | -1.0
Threshold subcarrier power -156.8 dBm +2.11{-1.9
Performance margin +5.2 +7.0 | -4.6
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TABLE D24.- HIGH GAIN DIRECT

APPENDIX D

LINK, COURSE POINTING AT MAXIMUM RANGE

Parameter Value Tolerance, dB Notes
Total transmitter power +43.0 dBm +1.0 -0 20 W
Transmission circuit loss -1.5 dB +.81-0.8
Transmission antenna gain +20.3 dB +.51]-0.5 2-ft dish
Transmission antenna pointing loss -5.0 dB +5.0 -0
Space loss -271.6 dB ——ee | ===
F = 2295 MHz, R = 396 x 10® km
Polarization loss -.6 dB SR IR
Receiver antenna gain +61.0 dB +1.0 | -1.0 210-ft dish
Receiver antenna pointing loss -.3 dB +.3 -0
Receiver circuit loss -.2 dB +.11-0.1
Net circuit loss -197.9 dB +7.7 |-2.4
Total received power ~154.9 dBm +8.7 | -2.4
Receiver noise spectral density -182.1 dBm +1.1 }-0.9
sys = 45 £ 10°K
Carrier modulation loss -5.3 dB +.6 |-0.8 |6 = 1.00 rad * 5%
Receiver carrier power -160.2 dBm +9.3 | -3.2
Carrier APC noise BW +10.8 dB +.5 -0
2BLO = 12 Hz
Carrier tracking loop
Carrier threshold SNR in 2BLO +6.0 dB +.51-1.0
Threshold carrier power -165.3 dBm +2.11-1.9
Performance margin +5.1 dB +11.5 |-5.1
Data channel
Modulation loss -1.5 dB +.31{-0.3
Received data subcarrier power -156.4 dBm +9.0 {-2.7
Bit rate (1/T = 27 bps) +14.3 dB el Uncoded channel
Required ST/N_ for pe® = 5 x 1073 +6.8 dB +1.0 |[-1.0
Threshold subcarrier power -161.0 dBm +2.1]-1.9
Performance margin +4.6 dB +11.1 | -4.6
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TABLE D25.- HIGH GAIN DIRECT LINK, FINE POINTING AT 2.6 x 10 km

Parameter Value Tolerance, dB Notes

Total transmitter power +43.0 dBm +1.0 -0 20 W
Transmission circuit loss -1.5 dB +.8 1-0.8
Transmission antenna gain +20.3 dB +.5 1-0.5 2-ft dish
Transmission antenna pointing loss -1.0 dB +1.0 -0
Space loss -268.0 dB R

F = 2295 MHz, R = 260 x 10 km
Polarization loss -.6 dB —em -
Receiver antenna gain +53.0 dB +1.0 |-0.5 |85-ft dish
Receiver antenna pointing loss -0 dB +0 -0
Receiver circuit loss -.2 dB +,1 ]-0.1
Net circuit loss -198.0 +3.4 |[-1.9
Total received power -155.0 dBm +4.4 |-1.9
Receiver noise spectral density -181.2 dBm +.9 |1-0.7

sy8 = 55 + 10°K
Carrier modulation loss -5.1 dB +.6 |-0.7 6 = 0.98 rad + 5%
Receiver carrier power -160.1 dBm +5.0 |-2.6
Carrier APC noise BW +10.8 dB +.5 -0
ZBLO = 12 Hz
Carrier tracking loop

Carrier threshold SNR in ZBLO +6.0 dB +.5 |-1.0

Threshold carrier power -164.4 dBm +1.9 |-1.7

Performance margin +4.3 dB +6.9 [-4.3
Data channel

Modulation loss -1.6 dB +.3 |-0.3

Received data subcarrier power -156.6 dBm +4.7 1-2.2

Bit rate (1/T = 24.5 bps) +13.9 dB e | ---- Uncoded channel

Required ST/NO for Peb = 5x 1073 +6.8 dB +1.0 |-L.0

Threshold subcarrier power -160.5 dBm +1.9 |-1.7

Performance margin +3.9 dB +6.6 |-3.9
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TABLE D26.- HIGH GAIN DIRECT LINK, FINE POINTING AT MAXIMUM RANGE

Parameter

Value Tolerance, dB Notes
Total transmitter power +43.0 dBm +1.0 -0 20 W
Transmission circuit loss -1.5 dB +.8] -0.8
Transmission antenna gain +20.3 dB +.5] -0.5 2-ft dish
Transmission antenna pointing loss -1.0 dB +1.0 -0
Space loss -271.6 dB e L
F = 2295 MHz, R = 396 x 10° km
Polarization loss -.6 dB -l ----
Receiver antenna gain +53.0 dB +1.0] -0.5 85-ft dish
Receiver antenna pointing loss -0 dB +0 -0
Receiver circuit loss -.2 dB +.1] -0.1
Net circuit loss -201.6 dB +3.41 -1.9
Total received power -158.6 dBm +t4.4) -1.9
Receiver noise spectral density ~181.2 dBm +.91 -0.7
sys = 55 £ 10°K
Carrier modulation loss -2.0 dB +.21 -0.2 6 = 0.65 rad + 5%
Receiver carrier power -160.6 dBm +4.6) -2.1
Carrier APC noise BW +10.8 dB +.5 -0
ZBLO = 12 Hz
Carrier tracking loop
Carrier threshold SMR 1in ZBLO +6.0 dB +.5] -1.0
Threshold carrier power ~164.4 dBm +1.9{ -1.7
Performance margin +3.8 dB +6.51 -3.8
Data channel
Modulation loss -4.4 dB +.41 -0.3
Received data subcarrier power -163.0 dB +4.81 -2.2
Bit rate (1/T = 5.6 bps) +7.5 dB ----| ---- |Uncoded channel
Required ST/No for Peb =5x%x 1077 +6.8 dB +1.0} -1.0
Threshold subcarrier power -166.9 dBm +1.9] -1.7
Performance margin +3.9 dB +t6.7] -3.9
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The tolerances have been assigned in such a manner that tolerances
appearing in the negative column always denote a decrease in SNR,
and those appearing in the positive column denote an increase.

The required ST/NO for a BER of 5 x 1072 for an uncoded PSK/PM

channel includes a degradation of 1.5 dB to account for i.f. phase
error degradation, bit sync timing error, and bit detection proc-
ess degradation. MFSK link performance was derived for a WER of

1 x 1072,

Direct link baseline configuration parametric data. - The
following paragraphs discuss direct link baseline configuration
parametric data.

MFSK low data rate direct communications: The baseline con-
figuration is nonredundant and includes the following elements:
(1) a 200 channel telemetry subsystem with a 50 000 bit static
storage device, (2) an S-band command subsystem consisting of a
receiver, detector and antenna, and (3) a radio subsystem com-
prised of a MFSK modulation (digit-to-tone converter), a modula-
tor-exciter, a TWTA with an integrated power supply, and a body-
fixed low gain antenna. The weight and total power requirements
for this configuration as a function of transmitter power output
level are shown in figure D108. Data rate capability for the
range of transmitter power levels is also shown on this figure,.

High gain direct communications: The baseline configuration
is nonredundant and includes the following elements: (1) a 200-
channel telemetry subsystem with a 50 000 bit static storage de-
vice, (2) an S-band command subsystem consisting of a receiver,
detector, and antenna, (3) a radio subsystem comprised of a modu-
lator-exciter and a TWTA with an integrated power supply, and (4)
a high-gain antenna subsystem consisting of a 2-ft articulated
parabolic dish and an antenna controller and pointer, which is
capable of accommodating a 4-ft dish. The weight and total power
requirements for this configuration as a function of transmitter
power output level are shown in figure D109. Data rate capability
for the range of transmitter power levels for two transmission dis-
tances is also shown on this figure.
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UHF Relay Link Parametric Studies

A radio relay link via an orbiter or a bus is used for the
transmission of flight capsule engineering data, entry science
status and data, and lander status from separation to shortly
after touchdown. This real-time transmission capability of all
data is desired to ensure the availability of data in case of
failure, so that events can be reconstructed and corrective ac-
tions initiated. The geometry of the flight capsule and the space-
craft (orbiter or bus) is such that, for either mission mode and
the achievable range of targeting parameters, good communications
can be established between the vehicles from separation to land-
ing. Past studies have shown that direct communications to Earth
from the flight capsule are not possible because the line of sight
during the latter part of the descent trajectory is not available
for all flight capsule trajectories. With a relay link used for
separation to landing phases of the mission, the communication
geometry for both mission modes is similar because both are iden-
tically constrained by line-of-sight requirements and multipath
propagation considerations.

For certain weight class landers, a radio relay link to an
orbiter is required to satisfy a data volume requirement of 167
bits total in two days. Analysis of orbiter surface traces for
the specified orbits for this study shows that an adequate number
of periapsis contacts occur over the first few days to satisfy
the data volume requirement. Contacts at apoapsis occur where
the contact time is greater and the transmission distance is long.
The use of these contacts for data transmission is restricted
only by electrical energy requirements.

Technical considerations. - Technical considerations are dis-
cussed in the following paragraphs.

Frequency selection: Past trade studies have shown that the
system weight for a given communication performance increases at
frequencies below about 200 MHz primarily due to galactic noise
and increases at frequencies above 400 MHz primarily due to path
loss. Between 200 and 400 MHz, the system weight is relatively
insensitive to frequency, and the selection within this range
can be based on the ease of integration of the antenna design into
the vehicles. For a fixed gain out of a cavity-type antenna con-
figuration, the volume of the antenna is inversely proportional
to the cube of the frequency. Thus, 400 MHz has been selected as
an operating frequency band on the basis of antenna integration
considerations. This frequéncy band is also an FCC space alloca-
tion for telemetry transmissions.
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Modulation technique: Past trade studies have analyzed co-
herent PSK and noncoherent FSK in a multipath environment. An
optimized coherent PSK has a potential 3-dB advantage but is very
sensitive to accurate knowledge of the multipath environment and
mission geometry. The noncoherent FSK, on the other hand, is in-
sensitive to time varying multipath conditions and can recover
more easily from entry communication blackout. Noncoherent FSK
also has an added advantage of ease of combination of diversity
channels to improve system performance.

Antennas: The flight capsule antenna is constrained to meet
the gain and coverage requirements with a fixed, body-mounted
antenna. A cavity-backed crossed-slot antenna has been selected
for the baseline configuration because it has both the highest
power handling ability of any of the alternatives considered and
greater pattern coverage. This antenna has a gain of 5 dB on-
axis. The gain is O dB or better over 160°.

Telemetry: Radio blackout during flight capsule entry is a
distinct possibility. Rather than try to overcome the large
lossvs associated with blackout, the telemetry subsystem circum-
vents the problem. The flight capsule data are delayed for a
period greater than the expected blackout duration and combined
with the undelaved data for transmission by the radio subsystem
at a single data rate,

Data rate capability. - The data rate capability as a func-
tion of transmitter output level for various communication ranges
is shown in tigures D110 and DL11. Figure D110 is for the entry
phase of the mission, and figure D111 is for the landed phase.

The parametric data for both figures were derived on worst-case
design points. Thus, the data rates shown represent lower bounds
on actual link performance capability. The worst-case performance
margin during the descent trajectory for any possible orbit is ob-
tained at the point of touchdown due to the aspect angle to the
orbitcer increasinu. An entry link that has a performance margin
at the point of touchdown greater than the linear summation of all
negative tolerances will perform satisfactorily over the complete

descent t(rajectory. The worst-case design point for a postland
relav link is onc of isotropic antenna gain at both ends of the
Iink. For figure DLIL, the assumption of isotropic antenna gain

for the orbiter implies that the orbiter over a long period has
changed the boresight axis of the relay antenna due to its require-
ment to maintain a sun/Canopus reference. A requirement for a
single-degrece-of -freedom antenna pointing system on the orbiter

that changes with time will improve the link performance consider-
ably.
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The assumptions and system parameters used to derive figures
D110 and D111 are presented in tables D27 and D28. These tables
are telecommunication design control tables with nominal param-
eter values and tolerances on the parameters identified. Table
D27 shows that 55 W of transmitter output power is required to
provide a data transmission rate capability of 4000 bps for a
maximum range of 5000 km, which occurs at touchdown. At this
point, the aspect angle to the orbiter is 89 deg, which includes
an adverse tilt of the lander of 34 deg due to surface slope.
The fading margin allowance of 5.3 db maximum is adequate for a
wide range of entry conditions (spacecraft lead angles of + 20
deg, Martin Marietta Corporation Voyager Phase B Final Report).
Table D28, a link calculation, shows that 12 W of transmitter
output is required to support a 5000-bps link at 2500 km. The
data rate capability is derived for a BER of 4 x 1073,

With this allocation of error rate, the end-to-end BER of 5 x 10-3
is achieved bv requiring the orbiter-to-Earth link to maintain a
BER of 1 x 1073, The selection of the uhf relay link BER was de-
rived from an analysis of the sensitivity of mission-dependent
parameters to fading margin requirements.

The modulation technique used for relay communications to the
orbiter requires a predetection bandwidth that is wide enough to
accommodate the frequency uncertainty due to instability and dop-
pler shift and the spectrum of the modulating waveform. For these
studies, the total frequency uncertainty band is taken as 53 ppm,
which allows 20 ppm for transmitter stability, 10 ppm for receiver
stability, and 23 ppm for doppler. The mark or space channel band-
width is given by

3 _
W= > (2fD) + AF = 3fD + AF (Hz)

where fD is the information rate in bits per second, and AF is

the total frequency uncertainty. The modulating waveform is split-

phase PCM, which results in a symbol rate that is twice the infor-
mation rate.

The ratio of predetection bandwidth to information rate (WT)
for bit rates between 4000 and 100 000 bps ranges from 8.3 to 3.2
for the frequency uncertainty used here. Past work conducted by
RCA has shown good agreement between theoretical performance pre-
dictions and experimental performance for WT - 10. Also, experi-
mental data exist for WT = 1, which supports theoretical analyses.
Because the parametric studies are concerned with WT products
for which no experimental data exist and theoretical models are
not valid, the data rate capability has been derived by assuming
a constant value of ST/NO equal to 13.5 dB for 10 - WT - 1.

This assumption will provide some additional margin in the system
design.

237



238

Weight,

50

40

30

20

10

APPENDIX D

4250
/
; - - L 74—
/,
/,
/ |
/ !
= 200
Total power -
!
L - With S-band __
command sub-
system
R . _,“W‘__Tv
: 1150
4
I SR IR S Y
/
/
4
~ T - 100
-t T T
. -S-band command subsystem weight
I Y
A
— - Radio subsystem weight-
/ I
. 1 150
Y
— Telemetry subsystem weight - -~ }— - 4
N N
5 10 15 20 25 30 35 40 45 50 55 60
Transmitted power, W rf
2.1 [ 6.3 | 10,5 | 14.7 | 18.9 | 23.1 '
4.2 8.4 12,6 16.8 21.0 25,2

Data rate for 2500-km range, kbps

Figure D112.- Post-Land Relay Communications

Total power, W




APPENDIX D

Command Link Performance. - The performance of the command
subsystem at a command data rate of 8-1/9 bps is shown in Table
D29. This link has been designed for reception of commands at
a maximum range of 4 x 10% km. At this range, the command data
channel worst-case performance margin is +1.7 db.

Relay link baseline configuration parametric data. - The
baseline configuration is nonredundant and includes the following
elements: (1) a 200-channel telemetry subsystem with a 50 000-bit
static storage device, (2) a radio subsystem comprised of a solid-
state uhf transmitter, a body-fixed broadbeam antenna, and a bea-
con receiver for initiation and termination of data transmission
to the orbiter during landed operations. The optional S-band com-
mand subsystem includes the receiver, detector, and antenna. The
weight and total power requirements for this configuration as a

function of transmitter power output level are shown in figure D112.

The data rate capability is based on the 2500-km range indicated
under the assumption that the worst-case antenna gain is 0 dB,

8. POWER AND PYROTECHNIC SUBSYSTEMS

Parametric weight and performance data for the power and pyro-
technic subsystems were developed during the first part of this
study within the technical guidelines derived from mission and
system requirements and constraints. Data for the power subsystem
consist of curves, equations and factors which will permit deter-
mination of the subsystem weight and the size of the battery,
solar array or Radioisotope Thermoelectric Generator (RTG). The
pyrotechnic subsystem data consist of curves for determining the
subsystem weight versus bridgewire firing requirements for capaci-
tor energy storage with solid state firing and safe/arm circuits.

Power Subsystem

Parametric sizing and weight data for the power subsystem are
Presented in this section.

For power subsystem design, the power profile for a Mars lander
consists of the separation to landing phase and the surfacc opera-
tions phase. Since the repeating profile for extended surface
operations represents the larger energy requirements, the minimum
weight power subsystem will normally result from designing for the
landed mission and providing a supplementary battery to meet the
requirements from separation through landing.
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TABLE D29.- COMMAND LINK PERFORMANCE

Parameter Value Tolerance, dB Notes
Total transmitter power 80.0 dBm - - 100 kw
Transmitting circuit loss -.4 dB 0.1 -0.1 Estimate
Transmitting antenna gain 60.0 dB 0.8 -0.8 EPD-283
Transmitting antenna pointing loss -.3 dB 0.3 -0. +.02°
Space loss -268.2 dB --- ---
F = 2115 MHz, R = 2.9 x 10 km
Polarization loss
Lander ¢ = 4 dB, DSIF ¢ = 0.8 dB -.6 dB --- --- Maximum
Receiving antenna gain 5.0 dB 0.5 -0.5
Receiving antenna pointing loss -5.0 dB 5.0 -0. +65°
Receiving circuit loss -1.5 dB 0.2 -0.2
Net circuit loss -211.0 dB 6.9 -1.6
Total received power -131.0 dBm 6.9 -1.6
Receiver noise spectral density
Tsystem = 1750°K -166.2 dBm 1.1 -1.1 Low noise mixer
Carrier modulation loss -4.8 dB 0.5 -0.6 GD =1.12 rad +59,
fg = .63 rad
Received carrier power -135.8 dBm 7.4 -2.2
Carrier APC noise BW 2BLO = 20 Hz 13.0 dB -0.4
Carrier performance-command
Threshold SNR in ZBLO 8.0 dB 1.0 -1.0 MC-4-310A
Threshold carrier power -145.2 dBm 2.6 | -2.5
Performance margin 9.4 dB 10.0 -4.7
Data channel
Modulation loss -5.3 dB 0.5 -0.5 UD = 1.12 rad +5%
Received data subcarrier power -136.3 dBm 7.4 -2.1
Bit rate (1/T = 8-1/9 bps) 9.1 dB - .-
Required ST/N/B 12.1 dB 1.0 | -1.0 Peb =107°
Threshold subcarrier power -145.0 dBm 2.1 -2.1
Performance margin 8.7 dB 9.5 4.2 +4.5 worst case
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The power subsystem parametric study considered four configu-
rations: all-battery, RTG/Ni-Cd battery, solar array/Ni-Cd bat-
tery, and solar array/Ag-Zn battery. Limits established for the
study are:

1) Continuous power level, 10 to 200 W;
2) Peak power-to-continuous power ratio, 2:1 to 20:1;
3) Maximum peak power, 600 W;

4) Data transmission duty cycle, to/(t; + ts) 0.5 to
50%.

All-battery configuration. - The all-battery configuration
is presented to provide data on secondary batteries to determine
the weight of a supplemental battery from separation to landing,
and for use with the solar array and RIG configurations. The
material also shows what can be done with batteries alone for a
short-time mission. For the supplemental battery or an all-
battery configuration, the Ag-Zn battery provides the minimum
weight; however, if the sterilizable Ag-Zn battery has not been
developed, the heavier Ni-Cd battery would be used.

To determine the source size for an all-battery system, the
area under the load curve and all losses must be determined. For
the power profile shown in figure D113 the battery energy, EB’
is:

B W-h per Martian day
"Ip

where P; and P, are in watts and t; and t, are in hours.

The energy density of a Ag-Zn or Ni-Cd battery may be deter-
mined from figures D115 and D116, respectively. Battery weight
is battery energy divided by energy density.

Figure D113 shows the repeating load profile used to determine
all source and storage battery sizing equations. This generalized
profile assumes a continuous nominal load, P;, for a time period,
t, consisting of the nighttime period, tN’ and part of the day-

time period, with a period, tz, for data transmission at

tD,
some higher peak power, Ps. For simplification, the short-dura-
tion load pulses of an actual load profile must be averaged and
included in the values used for continuous and peak power. The
block diagram of the generalized power subsystem is shown in

figure D114, The power required from the source PS is a func-

tion of the load profile and the power efficiencies of the con-
verter/regulator MR> the battery charger Ng» the diode p>
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the charge acceptance efficiency of the battery n and the

depth of discharge of the battery, DD'

The curves shown in figures D115 and D116 have been generated
by the Martin Marietta Corporation for comparative purposes.
These curves represent estimated energy densities for specific
battery designs and include cells, battery case, potting, wiring,
and connectors for a 30 V nominal battery with the following con-
straints:

1) Sealed cells;

2) Thin plate construction to allow good high current
drain performance;

3) Shock (ordnance type) - 2400 g peak response with
the peak occurring at 2000 cps (equivalent to 1500 g,
0.4 msec, half sine pulse input);

4) Vibration - random, overall 11.7 g rms with input
flat 100 to 200 c¢ps at 0.3 g=/cps, rolloff below 100
cps at 6 dB/octave, rolloff above 200 cps at 4 dB/
octave.

The nonsterilizable Ag-Zn battery curve of figure D115 is
based on Electric Storage Battery (ESB) Company sealed silver-
zinc cells packaged in a battery to meet the above requirements.
Data from the JPL sterilizable battery contract with ESB were
used to extrapolate the sterilizable battery curve, allowing for
the relatively less severe ordnance shock specified above. These
curves are based on limited data and should be used accordingly.
They are being continuously revised as more data become available
from the JPL-ESB contract and Martin Marietta in-house test pro-
grams on sterilizable silver-zinc cells.

The nonsterilizable Ni-Cd battery curve of figure D116 is
based on Gulton Industries, Inc., sealed nickel-cadmium cells
packaged in a battery to meet the construction and environmental
requirements given above. A 15% loss due to sterilization was
used to extrapolate the sterilizable battery curve. These curves
are being revised as more data become available from a Martin
Marietta in-house test program on sterilizable nickel-cadmium
cells.

RTG/battery configuration. - The equations developed for the
RTG/battery configuration arc general and may be used for either
Ag-Zn or Ni-Cd batterics. Because of the significantly greater
cycle life of the Ni-Cd battery and the long life of the RTG,
parametric data werc developed for the RTG/Ni-Cd configuration
only.
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For the RTG/battery system, equations were developed that
define the relationship of the RTG output power and the battery
energy to the generalized power profile and block diagram (figs.
D113 and D114). For this type system, the battery is required
to supply only that portion of the load during the peak power
period that is in excess of the usable power from the RTG. From
the block diagram it can be seen that this usable power is repre-
sented by the product of source power and converter efficiency
(PSqR). The battery size required is determined by:

P> - Pon,jta
E_ = J______Silil__ (W-h)

B DDnD

The RTG must be sized to supply the nominal continuous load
plus the power required to recharge the battery; therefore, the
RTG size is determined by:

R TcRe

where RC is the battery charge rate in hours. To determine the

battery size and the RTIG size as a function of the subsystem con-
figuration and load profile, equations (D18) and (D19) are solved

for EB and PS'

P, Ptz

—
S Mg ¢pRePp tongta

g - lctea

3 "
B ngipRePp T gt

To minimize the size of the RTG, the relative charge rate,
RC’ should be as large as possible while still permitting com-
plete recharge of the battery. The curve of figure D117 shows
the time required to replace 10% of the capacity of a Ni-Cd bat-
tery at a given charge rate. For a 50% depth of discharge the
time would be five times the time for 10%. The maximum value of

RC that should be used for most applications is 15 hr. The curve

of figure D118 shows the ratio of rated battery energy to PA as

a function of transmitting time or peak power time, to.

(D18)

(D19)

(D20)

(b21)
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Figure D117.- Rate of Charge Effect on Charge Time for a
Ni-Cd Battery
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This curve is based on typical system efficiencies shown in the

block diagram (fig. D114), a 50% depth of discharge DD’ RC <

15 hr as determined by figure D117, and a minimum discharge rate
of 4 hr. After the battery energy is determined, the weight of
the battery may be obtained from figure D116.

For the system efficiencies shown in the block diagram, and
the restrictions specified for the battery, the curves of figure
D119 may be used to determine the minimum end-of-life power re-
quired from the RTG. The weight of the RTG may be determined
from the following power density tabulation.

Thermoelectric hot
junction temperature, °F Power density, W/1b
1250 0.54
1500 ‘ 0.86

These power densities are based on the work performed by
Martin Marietta Corporation during the Voyager Phase B study and
are for an RTG using silicon-germanium for the thermoelectrics
and capable of intact entry and intact impact. The power density
is for the complete RIG and its release mechanism, but does not
include the mounting structure.

Solar array/battery configuration.- For the solar array/
battery configuration, equations were developed defining the re-
lationship of the solar array output power and the battery energy
to the generalized power profile and block diagram (figs. D113 and
D114). For this configuration, the battery is required to supply
the energy at night and a'so that portion of the load during the
peak power period that is in excess of the usable power from the
solar array. From the block diagram it can be seen that the us-
able array power is represented by the product of source power
and converter efficiency (PSWR)'

When the data transmission time is long compared with the
usable daylight hours, the solar array must provide enough power
to meet all daytime demands plus that needed to charge the bat-
tery. For short data transmission periods the battery is also
used to supplement the array during the peak power period. The
cquations used to determine the solar array and battery require-
ments are different for long data transmission times from those

used when the transmission time is short., For values of PS

less than Pg/qR obtained by solving equation (D22), equations

S
ecquations (D27) and (D28) are used to determine the battery and
solar array size.

(D25) and (D26) are used. For P values greater than P:/qR
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P, Pt

P, = —+ i

S ng epRePp

The battery size required when the

data transmission period

s relatively short is determined by:
. Pty (?2 - qRPS)t;
B mpPp npPp

The solar array must be sized to pr

ovide the continuous load

power plus the energy required to recharge the battery. There-
fore, the solar array average power output is determined by:

Py Ep

P, = — + ——

S omp ke

where R, 1is the battery charge rate,

C

To determine the battery size and t

hr.

he solar array size as a

function of subsystem configuration and load profile, equations
(D18) and (D19) are solved for E_ and

B

PS.

+ Pt
N N

— +
+
5 g 1eMpRePy

R (P t + P
_NgRelPaty T EAT

t
rt2

)

E
+ ol
B ngpRePp * gta

In a similar manner the equations for the solar array size and
battery size as a-function of subsystem configuration and load
profile for long data transmission periods may be shown to be:

P

P Pt
1 1%y

>
Alp,t2

= — 4
S - ol
IR ”D”C”RI”Bl(tD t2) Tongte

T nele (6 - t9 + g te
TR

(p22)

(D23)

(D24)

(D25)

(D26)

(D27)

(D28)
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where is the battery charge acceptance efficiency during

B

1

the period tD - tp and Mg is the battery charge acceptance
2

efficiency during the period ts. The values for versus

g

RC for typical Ni-Cd batteries are shown in figure D120.

For Ag-Zn batteries, is almost constant with relative

i
charge rates of 20 to 80 hr. Therefore equation D27 becomes:

P, Pt

N N PAnpta
MR TplcRMs'p  RUBED

For Ag-Zn batteries is nominally 0.87.

]
To minimize the size of the solar array, the relative charge
rate, RC’ should be as large as possible while still permitting

complete recharge of the battery. The curve of figure D117 shows
the time required to replace 10% of the capacity of a Ni-Cd bat-
tery at a given charge rate. For a 507% depth of discharge the

time would be five times the time for 10%. The maximum value of

RC that should be used for most applications is 15 hr. For a

Ag-Zn battery this value is determined by

Charging time = _Q__.
g

After the solar array average power is determined the required
array size may be found by use of the curves developed in the next
paragraphs. Weight of the array may be determined by multiplying
the area by 1 lb/ft=.

Solar cell panel performance calculations were performed using
a computer program developed by Martin Marietta Corporation for
assessing panel power characteristics during planetary missions.
This program, written for the IBM 1130 computer, allows calcula-
tion of the instantaneous and daily integrated output of an arbi-
trarily oriented flat solar panel. The effects of latitude,
ground slope, time of year, and ground mask may be considered,
along with atmospheric attenuation and time-variable cloud cover.
The panel temperature is calculated as a function of the time of
day, and temperature corrections are applied to the panel power
output.

(D29)

(D30)
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This program has been used in establishing the performance of
a directed side panel array chosen for the point designs of the
lander, as shown in figure D121. One panel is horizontal and
body mounted. Four side panels are adjustable in a post-land
sense and have an area about twice that of the fixed panel.

In the subsequent figures, the panel temperature has been
assumed to be unaffected by heat transfer from the ground, and
convective effects have been neglected. Cloud cover has been
assumed negligible. The power shown is after cover slide, wiring,
diode, and packing losses have been accounted for, and is based
on 10 W/ft? of usable panel area at 1 AU, air mass zero (AMO)
60°C.

Assuming a typical requirement of 15 to 20 W-h/ft2/day, the
performance of flat, fixed panels is satisfactory at northern
near-equatorial latitudes for moderate ground slopes during the
carly part of 1974, as shown in figure D122 for 10° N latitude.
However, at large adverse slopes and southern latitudes, power
from a fixed panel drops off drastically, as shown in figure
D123. It was thought that some improvement might be gained by
drooping all four side panels a fixed amount. The lower curve
of figure D124 shows the effect of this on the overall array
output at 20° S latitude and 17° S slope. In the case shown, no
significant improvement results. However, if the panels are
allowed to independently take on both lift and droop angles, sig-
nificant improvement in the overall array output results, as
shown by the upper two curves of figure D124. Since the lander
landing azimuth is not predictable, the optimum panel angles must
be determined after landing. In the case considered, figure D124
shows that a landing with two of the panels on the north-south
line gives slightly worse results than when all panels are 45°
from the north-south line. Although figure D124 shows optimum
droop and lift angles of approximately 60°, interference con-
siderations limit the maximum droop angle to about 40°, with no
such limit on the lift angle.

Figures D125 and D126 compare the output of the directed
array with a horizontally fixed array. Substantial improvement
results, especially at southern latitudes.

Another advantage of the directed panel concept is that it
allows a significant increase in the number of hours of useful
solar power per day independent of ground slope, thus minimizing
the required battery size. Figure D127 shows the available day-
light hours for three latitudes, as seen by the directed solar
array.
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Solar Panel Configuration, Deployed

Figure D121, -
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Solar cell equations: It is desirable, for computer programing

purposes, to express the power output of solar panels for use in
planetary missions in an analytical form as a function of solar
distance, atmospheric properties, solar angle of incidence, and
temperature. The simplified equations used in the calculations
performed for the Mars lander solar array study are described in
the following paragraphs.

The power equation is normalized to solar panel output charac-
teristics, PO’ in W/ft®, measured at AMO, 1 AU, at a temperature
of 25°C. A value of 11.5 W/ft® is used for P, for 18 mil solar
cclls, based on usable total panel area. The power output at the
surface of the planet may then be expressed as:

P = BR™Z |1 + (T - 25)D| k_ K(6) cos 6 e o
where
T = panel temperature, °C
6 = angle between panel and sun
R = solar distance, AU
kc = factor to account for cloud cover
K(8) = cell transmittance correction factor for oblique

solar incidence
c = atmospheric optical attenuation coefficient, cm2/g

m = mass integral of atmosphere along the line from panel
to sun, g/cm®

D = slope of maximum power versus temperature curve of
cell type of interest, divided by Pys °cTz,
The factor K(6) accounts for departure of the cell power

versus solar angle of incidence curve from a simple cos 6 law.
Typical values are:

O(deg) 0 50 60 70 80
K{6) 1.0 0.95 0.90 0.80 0.55
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The temperature parameter, D, is typically 0.0043 °C™1 for
18 mil n-on=p silicon solar cells. If convective effects and
heat transfer from the ground are neglected, the panel tempera-
ture, T may be expressed in terms of the absorptance (&) and
emittance (e) of the panel surface as:

X

m

T = 0.555 |1.99 x 10%(a/e)k S ,R™K(6) cos 6 e ™ - 273

where

5o 1is the solar constant at 1.0 AU (130 W/£t2),

Assuming that an exponential atmospheric density model 1is
valid at altitudes less than a few density scale heights of the
planet's atmosphere, the mass integral, m, is given by:

LS .
=—, 0<
™7 a ocos y = ve7s
[xx :
m = o %; exp (or cos® ¥) |1 - erf (cos y4finxr)|, 75° <V g 90°
where
Py = surface atmospheric density, g/cm:5
1/ = atmospheric density scale height, cm
r = radius of planet, cm
¢y = angle between zenith and sun
erf(X) = error function.

The angular parameters 6 and ¢ shown throughout the pre-
ceding expression are related by the computer program to landing
latitude, surface slope, panel orientation, date, and time.
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Pyrotechnic Subsystem

Parametric weight data and definition of the subsystem design
consistent with the data are presented in this subsection.

Weight data. - The weight of the pyrotechnic subsystem was
determined as a function of the total number of bridgewires and
the maximum number of bridgewires to be fired in a 20-sec period
by a system using capacitors for energy storage and solid-state
switches for safe/arm and firing functions. To meet the require-
ments of small to large landers the curves were developed for
systems with 8 to 100 bridgewires that are fired in groups of 8
to 40 within a 20-sec period. For systems requiring more than
about 150 bridgewires, the use of a separate battery for energy
storage becomes more weight effective.

The design uses one capacitor assembly for each bridgewire
fired in a 20-sec period, but reuses the capacitors for subsequent
functions. One safe/arm switch and squib firing circuit (SFC)
are required for each bridgewire to permit separate arming and
firing of each function while retaining the capacitor isolation.

Figure D128 shows the weight of the pyrotechnic subsystem
versus the number of bridgewires to be fired. The curves include

allowance for an enclosing case for the electronics and the cabling
internal to the case.

Subsystem design. - The pyrotechnic subsystem used in this
study consists of the equipment shown in figure D129. Power to
the pyrotechnic subsystem is provided from the power subsystem
and control signals are received from the guidance and control
subsystem.

Capacitor assemblies provide the energy storage for firing
each bridgewire at its prescribed time. Capacitor assembly charging
is initiated at power transfer and within about 12 sec the capaci-
tors are ready for use. A minimum of 20 sec between subsequent
events allows the squib load to be removed by safing of the safe/
arm circuit and the capacitor assemblies to be recharged and used
again. Each capacitor assembly provides the required energy to
fire one bridgewire in a given event. The number of capacitor
assemblies required is established by the maximum number of bridge-
wires required in any 20-sec period.

265



APPENDIX D

40
35
30
Maximum number
25— or bridgewires
fired within a

20-sec period

20

15

Pyrotechnic subsystem weight, 1b

1o /

0 20 40 60 80 100

Total number of bridgewires

Figure D128 .- Weight of the Pyrotechnic Subsystem Using Capacitor
Energy Storage
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The use of a small capacitor assembly to fire each bridgewire
instead of a larger capacitor bank to fire all bridgewires in a
given event eliminates the need for current-limiting resistors in
each bridgewire circuit, and consequently a larger capacitor bank
to provide for resistor losses. A minimum firing energy of ap-
proximately 0.150 J per bridgewire is provided to ensure firing
within an allowable time period.

A safe/arm switch provides arming and safing of each pyro-
technic circuit. The events may be arranged so that no function
need be armed more than one minute before firing. After all pyro-
technic functions in an event are fired, the switches are reset
to the safe position, thus opening the power circuit and removing
any load caused by a bridgewire short.

The safe/arm switch contains a 100 000 ohm resistor connected
from the negative bridgewire lead to structure. This provides a
ground reference for the bridgewires to prevent a static charge
buildup before the bridgewire is fired.

The final switch between the energy source and the squib is
the solid-state squib firing circuit, which receives its fire
control signal from the sequencing subsystem.

The squibs provide gas pressure to operate valves, cable cut-
ter, and separation nuts, or initiate linear-shaped charges for
canister separation.

The block diagram (fig. D129) shows the typical redundancy
provided for each function. Parallel circuits are provided from
the power subsystem through redundant capacitor assemblies, safe/
arm switches, squib firing circuits, and to one of two squibs in
each pyrotechnic device. Two squibs with one bridgewire ecach
arc used for each function. With this arrangement, the proper
functioning of either circuit branch will fire all associated
pyrotechnic devices.
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Safe/arm switch: A schematic of the safe/arm switch is shown
in figure D130. This switch is turned on by applying a 28 V,
150 mA pulse for 100 msec to the ARM input. The switch then
latches up and keeps the SCR (Q5) turned on until a similar input
signal is applied to the SAFE input. The SAFE signal saturates
Ql, causing the switch to unlatch. It also saturates Q3, thereby
putting a negative voltage from C4 on the gate of Q5 and turning
off Q5. Resistor R13 is used to provide a ground reference for
the bridgewires before firing. A 100 000-ohm resistor will be
used for this purpose, which will present negligible load on the
capacitor assembly during bridgewire firing. This switch will
safely handle current pulses with peaks of 20 A. It will operate
over a temperature range from -15°F to +145°F. The leakage cur-
rent is less than 1 mA at 145°F and the estimated weight is 0.19
1b.

Squib firing circuit (SFC): A schematic of the squib firing
circuit is shown in figure D131. A silicon controlled rectifier
(SCR) is used as the switching element. The circuit is turned on
by applying a 28 V, 150 mA pulse to the input for 100 msec. Since
the circuit is used in series with the safe/arm circuit, it will
turn off when the current is interrupted by the safe/arm circuit
turning off. Resistor R3 is provided to limit dv/dt across Q1
when the safe/arm switch is armed. The estimated weight is 0.06
1b,

This circuit will also handle current pulses with peaks of
20 A over a temperature range from -15°F to +145°F.

Capacitor assembly: Figure D132 shows a schematic of the
capacitor assembly.

The capacitor assembly consists of three GE 16 K series ca-
pacitors, and current-limiting resistors in the positive and
negative leads to restrict the instantaneous load on the power
bus. Allowing for low temperature, minimum bus voltage, losses
through the solid-state switches, and providing a minimum of
0.150 J of energy to the bridgewires, three 225 ;f capacitors
are connected in parallel to provide the total required energy.

The GE 16 K series capacitors are hermetically sealed, have
been extensively tested and proven, and are on the JPL steril-
izable approved parts list. The estimated weight is 0.16 1b.

Squibs: The weight of the squib is included in the incorpo-
rating device and is not included in the pyrotechnic subsystem
weight,
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Capacitor assembly
positive

CR1 a

Fire

o To squib "B"

R3
Capacitor negative

Figure D131.- Squib Fire Circuit

-0
c c T
From power C{J_ %J_ 2 po

yrotechnic

subsystem Ro ‘T‘ ‘T‘ ‘ll'~ circuits
l AAA —O0

Figure D132.- Capacitor Assembly
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9. SELECTION OF HUMIDITY AND WIND INSTRUMENTS

References D19 and D20 contain the information on which the
selection of instruments for the meteorology package was based,
These are the trade studies conducted for the Voyager Phase B
preliminary design to define atmospheric instruments for the sci-
ence payload. The information the references present is based on
an extensive survey of the state of the art in instrumentation
for measuring atmospheric pressure, temperature, humidity, and
wind. A review of these documents for use in the present study
showed that the information they contain is still valid and com-
plete and is a reliable basis for payload definition.

It is the conclusion of Martin Marietta Corporation that pres-
sure and temperature instruments can be obtained by modifying ex-
isting designs, and that the pacing items in development of a
meteorology package are the instruments for the humidity and wind
measurements. As stated in Part I of this report, an aluminum
oxide hygrometer and a sonic anemometer, respectively, have been
chosen for these measurements. Because of the significant influ-
ence of these choices on the course of a program for development
of a meteorology package, the preference for these instruments
is explained in detail in this section of Appendix D.

Surface Atmosphere Hygrometer

The selection of an instrument for measuring surlface humidity
was preceeded by a review of present knowledee recarding moisture
content in the Martian atmosphere. This was necessarv to deter-
mine an expected operating range and to develop a basis for set-
ting the limits for instrument accuracy. The inlormation required
for this purpose is contained in refervences D21 and D22,

The range of present estimates for water vapor on Mars is giv-
en in table 21-1 of refercnce D21. Althouch the results ¢iven in
reference D22 are more recent, the amount ol water cstimated is
within the extremes of the ranges given in the table. In Part I
of this report, extremecs of specilic humidity versus Irost point
are presented graphically. The range is from | to 60 mg/cmz of
precipitable water, a sprcad of more than one and onc-half orders
of magnitude.
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As shown in Part I of this report, the expected operating range
of specific humidities for a hygrometer will start at about 20 ppm
and extend past 5000 ppm. 1In terms of frost points, this corre-
sponds to a minimum of -80°C, which appears to be a reasonable
lower limit for calibrated performance.

The specified error band of 4°C is also shown in Part I. Typi-~
cally, this will result in determination of specific humidity within
a factor of 2 over the expected range of values. This error band is
more than adequate for comparing accuracies of the predictions tabu-
lated in reference D21. On the basis of resolving differences be-
tween these observations and estimates, an error band of 8°C would
appear adequate and would still permit specific humidity determina-
tions within a factor of 4,

In view of the results reported in reference D22, accuracies in
this range will be satisfactory for a first landing mission and at
a single site. 1In reporting the results of their extensive observ-
ing program over a nine-month period in 1964 and 1965, these authors
make the following statement:

"The present work indicates that H-0 does exist in the at-
mosphere of Mars and that the amount present varies signif-
icantly with time and place on the planet, Furthermore,
the mass motion of HpO in the atmosphere of Mars appears

to be correlated with polar cap recession and growth, and
possibly with the frequency of appearance of white clouds
and intensification of dark features on the surface."

Instrument selection.- There are three main considerations that
form the basis for selecting a surface atmosphere hygrometer.

First, the instrument should not require a flowing sample into
an internal measuring system. This usually implies a fan and drive
motor, and such mechanization is not easily made compatible with the
dry heat and the 90-day surface life requirements. Also, when de-
tecting part per million moisture in the dry Martian air, the prob-
lem is complicated by the fact that everything that contacts the
gaseous sample tends to change it. Thus, maximum instrument accu-
racy demands that the sensor be exposed directly to the free atmos-
pheric environment to minimize adsorption and desorption effects
from surrounding surfaces.
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Second, as shown in Part T of this report, the instrument must
be sensitive to specific humidities on the order of 20 to 30 ppm.
Accuracies within 10°C at frost points necar -80°C are essential.

Third, consider the universal requirements for Mars lander
instruments: that they be compatible with dry heat sterilization
(six cycles to 275°C at 76 hr/cycle); that they perform their func-
tion for a minimum of weight, volume, and power; and that their se-
lection be preceeded by proof of principle in similar application
on Earth or in other space programs.

Based on these factors, and in light of the information given
in the trade studies discussed above, the preferred instrument for
the Mars 1973 lander is the aluminum oxide hygrometer. In addition
to the information presented in references D1Y and D20, the alumi-
num oxide device is described in detail in the very excellent re-
view of the state of the art in humidity measurement given in ref-
erence D23.

The aluminum oxide element is the only type of high-sensitivity
water vapor scnsor that does not require sample flow into an in-
ternal measuring svstem. Its great advantase is that it can be
exposed to the I'ree atmospheric envivonment. Performance of the
scensor in detecting humidity on the order of 10 to 20 ppm has been
demonstrated in laborateory tests and in numevous balloon soundings
in the Earth's atmosphere (vef. D24). The instrument weighs about
L% 1t and draws less than 1w of power. Although no sterilization
work is known to have been performed, the sensor materials are in-
herentty stable at dry heat sterilization temperature, and no prob-
lems are expected,

LfTore lor the direct versus orbital entry study has been to
reassess the conclusion ol the Voyager work, In doing this, a
number ol organizations making basic contributions in atmospheric
humidity instrumentation were visited for discussions of the Mars
surbace problem.  These organizations included the National Bureau
ol Standards, the Naval Rescarch Laboratory, the Air Force Cambridge
Research Laboratories, NASA-Goddard Space Flight Center, and JPL.
Commercial cstablishments visited included Panametrics, Inc., and
Cambridgace Systems, Inc.
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Results of these contacts show no appreciable change in the
technology base for humidity instrumentation since the trade stud-
ies reported in references D19 and D20 were completed or since the
survey document (ref. D23) was published. There was general con-
sensus among the instrument engineers contacted that the aluminum
oxide sensor is the proper choice provided that accuracies of +5°C
and response times of 20 to 30 sec can be tolerated at the very low
frost points., Basic work in developing a controlled process for
producing the sensor has been started by ARCRL (ref. D25). Also,
work on the electronics package for the aluminum oxide sensor has
been conducted at JPL (ref. D26).

Surface Anemometer

Four basic types of wind velocity sensors were considered for
the meteorology package, These were the sonic, hot wire, drag body,
and rotating cup anemometers. Following are brief discussions of
the main features of each type considered in evaluating suitabil-
ity for the Mars lander application.

Sonic anemometer.- The sonic anemometer uses acoustic trans-
ducers to measure the wind velocity in each of three mutually
orthogonal directions. A single component of this anemometer con-
sists of two acoustic transducers separated by a small distance,
approximately 6 in. First, one of the transducers is used as a
source and the other as a detector of acoustic waves, and the
travel time of acoustic waves between the transducers is measured,
Then the procedure is reversed, and the travel time in the oppo-
site direction is measured. The wind velocity in that direction
can then be computed from the travel time in each direction and
the distance between the transducers. This technique has not been
widely used in wind velocity measurements on Earth., However, re-
cent work by the Air Force Cambridge Research Laboratory has shown
that this technique can be used to make very accurate measurements
of wind velocity (refs. D27 thru D29),

The sensor for the acoustic transducer could probably be de-
veloped within a weight of about 1 1b. The reliability of the
device should be good, although it may be sensitive to dust in
the Martian atmosphere. The main problem is adapting the present
design for use on Mars is modifying the transducers to improve
cnergy coupling with a low pressure atmosphere.
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One of the advantages of this technique is that it measures
wind velocity directly, not some other wind property such as force
or mass flow. Also, the resulting data will provide information
on the velocity of sound in the Martian atmosphere, This, when
combined with atmospheric temperature data, will enable estimates
of 7/M, where 7Y 1is the specific heat ratio and M is the mean
molecular weight, Another advantage is that the device inherently
measures the total wind velocity vector -- both speed and direc-
tion -- when three sets of transducers are used in orthogonal planes.

Hot wire anemometer.,- A hot wire anemometer uses the cooling
effect of the wind flowing over a wire to measure the velocity
of the wind, The results are dependent on the value of atmospheric
density (ref., D30). Thus, the density must be known to derive wind
velocity from the measurement result. This device can be operated
in either a constant current mode or a constant temperature mode.
In the constant current mode, a fixed current is passed through the
wire, and the change in wire resistance (or wire temperature) gives
a measure of the cooling effect of the wind. 1In the constant tem-
perature mode, the temperature and resistance of the wire are main-
teined constant by varying the amount of current through the wire.
The amount of current required is then a measure of the wind veloc-
ity.

The use of this device would require three wires oriented in
mutually orthogonal directions because the wire is mainly sensitive

to the wind component normal to the length of the wire., Also, one
of the drawbacks of this technique is that the wires are insensi-
tive to the direction of the wind by a factor of = (e.¢., a hot

wire anemometer could not uniquely distinguish between an casterly
wind and a westerly wind).

Hot wire anemomecters have been used cextensively for wind and

gas velocity measurcments on Earth, Rc¢ference D31 cites a number
of sources on the subject., The wires are usually made from ecither
tungsten or platinum-iridium. The tungsten wires are more rugged
and less susceptible to physical damage; however, they can be af-
fected by atmospheric contaminants and tend to require [requent
recalibration, The platinum-iridium wires arce more fragile but
retain their calibration better. The wires themsclves are very
small, typically less than an inch lony bv & mil or less in diam-
cter, Much of the sensor weight would be in the probes required

as mounts for the wires,




APPENDIX D

One of the severe problems associated with this technique would
be the effects of wind-blown dust. Dust accretion on the wires
will change the cooling effect, and thus after the calibration.
There is no easy way to shield the wires from dust because they
must be exposed to the atmosphere to measure wind velocity.

This anemometer technique would be compatible with the Mars
lander weight constraints, It appears also to be compatible with
the sterilization requirements, although the effects of the steri-
lization process on the calibration of the wires would have to be
carefully evaluated. However, the ability of the wires to operate
reliably in a dust-laden atmosphere is very questionable.
|

Drag body anemometer.- The drag body anemometer uses the force
exerted by the wind on a body of known geometry as a measure of
wind velocity. The force is measured by strain gages at the mount-
ing of the drag body. The drag force depends on the air density
times the velocity squared. Thus (like the hot wire anemometer),
the effective use of a drag body to measure wind velocity requires
that the atmospheric density be known,

The drag body is primarily sensitive to wind in a horizontal
plane, assuming the drag body is mounted vertically. A vertical
wind component may alter the response, but is difficult to sepa-
rate from changes in horizontal winds. Semiconductor strain gages
can be used to measure the forces, and provide a large enough sig-
nal output that amplification may not be necessary (ref. D32),.
However, extreme temperature sensitivity of semiconductor strain
gages will create a major problem in controlling the accuracy of
the instrument.

The weight of the drag body anemometer would probably be com-
parable to the sonic anemometer. It should be capable of being
sterilized and should have good reliability, although its mount-
ing and deployment might cause problems. It may also be sensitive
to the Martian environment, particularly to dust storms that might
exert a significant perturbation in the force on the body. This
device can operate with adequate accuracy over a very wide range
of wind speeds,
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Rotating cup anemometer,- This familiar type of device is not
considered a serious contender for the Mars lander application for
two reasons., First, to have the response rate necessary for de-
sired accuracies (10% accuracy specified for the Mars Mission Mode
Study), the rotating portion must be lightweight, Second, the
mechanization of moving components involving shafts, bearings, lu-
bricants, and seals is not easily made compatible with the con-
straints of dry heat sterilization and 90-day surface lifetimes.

Instrument selection,.,- The sonic anemometer is the preferred
instrument for three reasons, First, It requires no moving parts
and is, therefore, well-suited for long-life application and for
compatibility with dry heat sterilization and an uncertain operat-
ing environment., Second, a rugged sensor can be built because
there is no effect of mass on speed of response to wind variations,
Third, the instrument yields complete information on the wind vec-
tor.

This instrument is a recent development by Cambridge Systems,
Inc., for the AFCRL and is described in detail in references D33
and D34, Martin Marietta Corporation personnel have visited both
AFCRL and Cambridge Systems to discuss the application of this in-
strument in the Mars 1973 mission., Actual hardware was witnessed
in operation, and possible modifications were discussed. The main
question at the time of the visits was whether the low surface
pressures expected on Mars would make it impractical to use the
conic detector principle of operation, '

Cambridge Systems has since operated a sensor in a 5-mb chamber.
Although this instrument was designed for Earth surface conditions,
its performance in the range of Mars surface pressure demonstrated
the feasibility of developing a sonic anemometer for the meteorology
package.
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10, MARS SURFACE SAMPLE ACQUISITION

This section of Appendix D is a report of work conducted for
Martin Marietta by Dr. Ronald F, Scott on a consulting basis, Dr,
Scott is a member of the faculty at the California Institute of
Technology and was Principal Investigator on the Surveyor Lunar
Soil Mechanics experiment. The objectives of this study were to
develop the reasoning on which to base the design of a Mars soil
sampler and to propose a tentative concept for such a device.

Nature of Martian Surface

The report on the Mariner Mars 1964 Project by Leighton et
al. (ref., D35) discussed the possible nature of the Martian sur-
face on the basis of previous Earth-based observations and the
photographic results of the Mariner flyby, The photographs taken
by the Mariner IV spacecraft showed a cratered Martian surface
in which the crater density per unit area was only slightly less
than that observed in lunar highland areas. However, the craters
on Mars appeared more subdued than on the moon and relatively few
sharply outlined (which is usually interpreted as fresh-appearing)
craters were observed, This was taken by the authors to indicate
that surface-modifying processes are at work on Mars, which are
relatively more effective than modifying processes on the moon
but less effective than on the earth,

Although direct evidence is lacking, it is assumed that the
craters on Mars, as on the moon, are formed by meteorite impacts,
Because it is estimated that the meteoroidal flux at Mars is from
4 to 25 times that at the moon, the lower incidence of craters ob-
served on Mars reinforces the inference that crater modification
and subsequent elimination have occurred at a faster rate on Mars
than on the moon,

With meteorite impacts being the crater-forming agent, a Mars
surface model is suggested analogous to that observed by the Sur-
veyor spacecraft (ref., D36) on the moon. The surface material to
a depth of at least 10 m, but varying from place to place, con-
sists of a granular material with a wide range of sizes but pos-
sessing a substantial proportion (possibly greater than 50%) of

fine material in the tens of microns size range. On the moon (ref.

D36) the surface soil possesses a small but effective amount of
cohesion between the particles, and the writer has interpreted
this as being possibly due to the presence of Van Der Waals forces
between the relatively clean grains,
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The existence of a significant atmosphere on Mars, compared to the
moon, would imply that the surfaces of mineral grains would become
contaminated on breaking up of the parent rocks, and it might,
therefore, be expected that cohesion between grains of Martian
soil would be lacking, unless other forms of cementation are pres-
ent,

Yellow clouds have frequently been observed on Mars both vis-
ually and photographically, Observation of the properties of these
clouds suggest that they may be composed of windborne fine mineral
particles (ref, D35), Thus, Leighton et al, (ref. D35) conclude
that deposition of these clouds of particles would mantle and soft-
en the outlines of craters, They also consider that the craters
might be modified by thermal and vibrational creep of the granular
material on slopes,

Consequently, if this is correct, blankets of relatively uni-
formly fine-grained soil may cover areas of Mars. With the ex-
perience developed by lunar surface investigations, and consider-
ing the low probability that Martian soil is cohesive, there is
little likelihood that these fine-grained deposits will be extreme-
ly loose or highly porous, As Leighton et al. pointed out, an ex-
ception to this model may occur in those areas, if such exist, where
permafrost exists at the surface. Temperatures favorable for the
production of permanently frozen water in the soil (permafrost) if
the water supply is sufficient, only occur between latitudes of 40
to 50° N and S and the poles. The writer understands that only
near-equatorial sites are presently being considered for spacecraft
landings. In this region, temperatures exceed 0°C daily for 10
Martian months., It is therefore considered that there is essen-
tially no possibility of encountering permafrost at the spacecraft's
landing site,

In summary, the surface existing at a Martian cquatorial land-
ing site has a high probability of consisting of fine-grained co-
hesionless mineral particles, with a density of around 1.5 g/cc
(terrestrial basis) and a porosity in the neighborhood of 50%.
Larger particles in the millimeter to centimeter or larger range
may be encountered, although it is considered that there is a high
probability that some fine-grained soil can be reached,
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Sample Acquisition

With a Martian soil model as outlined above, a sampling device
does not need to have a rock-coring, sampling, or grinding capa-
bility. Considering the soil analysis requirement, there are two
possible approaches to the experiment: (1) deploying the soil
analysis equipment from the spacecraft to the Martian surface;
and (2) bringing a soil sample to an analytical device mounted
on the spacecraft., These will be discussed in turn. Certain
problems, such as sterilization, launch, flight, and landing sur-
vival arise with both approaches.

Analysis at surface.- It is visualized in this case, that an
experiment similar in nature to the alpha-scattering experiment of
Surveyor spacecraft will be employed to carry out the required
analysis of the Martian soil composition. An attachment will be
necessary to determine the water content of the soil. It is not
the purpose of this appendix section to determine the means by
which these experiments will be performed. With this technique,

a sensor head will be lowered or extended to the surface for the
purpose of obtaining the appropriate measurements. The soil's
mechanical properties do not enter into such a deployment tech-
nique, whose advantages and disadvantages only will be listed here
(this approach has essentially one degree of freedom in sampling):

1) Advantages,

a) Requires no imagery of test area (although such
imagery might be useful for interpreting the re-
sults of the experiment),

b) Deployment has minimal power requirements,
¢) Automatic on receipt of deployment signal,

d) Operation and performance of test have minimum
interaction with other devices,

e) Type of surface (rock, soil) relatively unimpor-
tant for compositional analysis;

2) Disadvantages,
a) One-shot test,
b) Sample cannot be selected,
¢) Deployment failure cancels test,

d) Shape of surface (large rock) may tip sensor or
otherwise render test ineffective,

e) Sensor head requires mounting bracket, interface
harness, etc.
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Soil sample retrieval.,- This approach, in general, has the
following advantages and disadvantages:

1) Advantages,
a) Degree of flexibility in sample selection (if
imaging capability present),

b) Gain in other information, such as strength, phys-
ical composition of Martian soil, variability with
depth, etc.,

¢) Chemical compositional experiment remains fixed to
spacecraft,

d) Analysis of more than onc sample facilitated (depth
variation);
2) Disadvantages,
a) Power requircement,

b) Weight may be somewhat greater than deployment
mechanism For composition cxperiment alone,

c¢) TFailure leads to no compositional analysis,
d) Imaging desired,
e) Command complexity,

[) Location on spacecralt restricted with respect to
both the imaging syvstem and the analysis experiment,

Jis Analysis experiment requires sample receiver,

In taking the sample retrieval approach, there are three classcs
of mechanism which may be emploved to ohtain a sample of Martian
soil for delivery to an onboard sensing device.

Automatic: This class of device would be preprogramed to ex-
tend until an obstacle (presumably the surface) was encountered by
a force or motor current sensor, which would activate a sample
bucket or scoop to retrieve a sample., Next the sampler would be
withdrawn from the surface and the prouram would initiate motions
Lo cause the soil sample to be placed in the analysis apparatus,
No Earth commands, except for initiation, arc required in this
operation,
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The advantages and disadvantages of this approach are almost
the same as those for deployment of the chemical compositional
equipment itself, except that a sample may be retrieved further
from the spacecraft and the sample site may be arranged to appear
in the imaging system's field of view, This equipment would also
have one degrece of freedom in obtaining a sample.

Manual: 1In this category may be placed the type of surface
sampler employed on Surveyor lunar spacecraft (ref. D36)., The
advantages in sample selection and manipulation are obvious, and
additional information may be obtained by rock and soil manipula-
tion. However, on Mars, there are considerable disadvantages in
the use of such a device. Many pictures of the sampler and the
area of operation are required so that, although power require-
ments for the device itself may be low, more work is required of
the imaging system. The time delay for signals to and from Mars
makes such an operation extremely time-consuming in view of the
decisions required. A command system is required. An apparatus
of this kind would possess at least three degrees of freedom in
movement ,

Semiautomatic: In this category is visualized a surface sam-
pling device that would be preprogramed as with the entirely auto-
matic system, to obtain a soil sample and deposit it in the analyt-
ical experiment, but whose operations could be interrupted on Earth
command to permit certain simple decisions to be made, Two degrees
of freedom would have to be incorporated in the apparatus to make
the response to decisions meaningful. All the disadvantages asso-
ciated with the sample retrieval function are inherent in this ap-
proach, but there are a number of advantages over the other tech-
niques suggested., The probability of sample retrieval is good,
almost regardless of the nature of the surface, Multiple samples
might be possible with suitable design of the analytical sensor.
Additional information on the physical nature of the surface would
be obtained. Belowsurface samples might be possible. One, or at
most two, pictures from the imaging system would be sufficient for
the operation,
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Tentative Conclusion

It is considered that a fully manually controlled sample-acquir-
ing mechanism is not feasible for the proposed Mars landing space-
craft, The alternatives are deployment of the soil analysis sensor
or sensors to the surface or some form of automatic sample retrieval.
If the sample retrieval is to be fully automatic (i.e., no Earth com-
mand or decision-making involved except for initiating a sequence),
there appear to be few advantages in providing a separate sample-
retrieval device over simply deploying the compositional analyzer
to the surface. A fully automatic sample retriever is, therefore,
not recommended. There are distinct advantages in some form of
sampling device, however, over the deployment of an analyzer to the
surface, as indicated above., It is suggested, therefore, that con-
sideration be given to a semiautomatic sampling device. One ap-
proach to the design of such a piece of equipment is given in the
following subsection,

Tentative Design of Semiautomatic
Soil Sample Retrival Apparatus

The design will consist of an extendible device, such as a
furlable tube, possessing a sample retrieval container at its ex-
tremity. The entire sequence of desired operations will be per-
formed by an onboard program. The sample container will be de-
signed to be open when the apparatus is being extended, and closed
when it is retracted., On receipt of an extension command, the re-
trieval container will extend an inch or two, during which it opens
and extension continues. On receiving a retraction command, the
container will first retract about % in. before it closes and re-
traction continues.

The apparatus will be mounted on the spacccraft and oriented
so that the elevation of the extension device is fixed. Tts ele-
vation altitude will be established before flight so that inter-
section of the sampling device with the nominal Martian surface
occurs when extension is approximately two=thirds of the maximum
possible. At this distance, the contact with the Martian surface
will be within the field of view of the imaging system of the
spacecraft, The device will be rotated in azimuth by an electric
motor or other means, and will so rotate automatically, except
that it may be stopped at an azimuth position that is stored in
the onboard program on Earth command. When this direction has
been entered in the sampler command scquence, power-on and exe-
cute commands to the sampling device will cause it to rotate to
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the selected azimuth position, extend to the surface until a force-
limiting device stops its extension (in the Martian soil). It will
then retract (closing the soil container) and rotate to the posi-
tion required for the sample to be placed in the soil processing
apparatus, At this time, it will be given an extend command so
that the container will open and the soil sample be ejected in the
processing apparatus, The device will return to its starting point
and switch off, It is desirable that it be possible to reactivate
the device, having stored a different azimuth angle to perform the
whole sequence again.

A tentative design is shown in figure D133. Furlable tubes are
described in references D37 and D38. The weight of the sampling de-
vice alone may be in the range of 3 to 4 1b, Electric motors work-
ing on 20 to 30 Vdc are used to move the device; it is expected that
they will require % to % A of current during the operating cycle,
The entire sampling cycle should occupy a few minutes of time.
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